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FOREWORD 


(u)  This  technical  report  presents  the  results  of  the 
Task  I  study  effort  of  the  program  titled  "Advanced 
Thrust  Chamber  for  Space  Maneuvering  Propulsion." 

The  Task  1  studies  of  the  program  were  conducted 
during  the  period  16  May  to  15  August  1966.  The 
Task  11  and  III  experimental  phases  of  the  program 
are  scheduled  for  completion  by  15  April  1967. 

The  program  was  authorized  by  the  USAF  Rocket 
Propulsion  Laboratory  under  Contract  AF04(6ll)-ll6l7. 
The  Air  Force  Program  Manager  is  Mr.  W.  W.  Wells, 
RPREC. 

(u)  This  publication  was  prepared  by  hockctdyne,  a 
Division  of  North  American  Aviation,  Inc. ,  as 
Report  11-6730. 

(U)  This  technical  report  has  been  reviewed  and  is 
approved. 


W.  W.  Wells,  AFRPL  Program  Manager 
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ABSTRACT 


(C)  The  previous  study  results  of  Contract  AF04(6ll)-10745 
are  extended  to  investigate  the  capabilities  of  in¬ 
creased  gross  weight  Maneuvering  Space  Propulsion 
Systems  (MSPS)  using  LFg/LHn,  LOg/LHg,  and  NqO^/^H^- 
UDMH  (50-50)  propellants.  The  range  of  stage  gross 
weights  considered  was  based  on  the  payload  capa¬ 
bilities  of  Titan  XII-C  and  Saturn  I-B  and  several 
gi-owth  versions  of  these  launch  vehicles.  Maneuver¬ 
ing  space  propulsion  system  gross  weights  ranging 
from  20,000  to  50,000  pounds  were  shown  to  result 
in  velocity  increment  capabilities  up  to  29,000  ft/sec 
for  the  2000-pound  payload  LF2/LH2  system. 

(C)  The  concentric  aerodynamic  spike/bell  engine  con¬ 
figuration  was  selected  for  the  LF2/LH2  and  LO2/LH2 
system  design  thrust  levels  investigated.  The  con¬ 
figuration  selected  for  the  NgO^/Ngl^-UDMH  (50-50) 
consisted  of  one  larger  primary  bell  nozzle  engine 
and  two  small  secondary  bell  nozzle  engines. 

(C)  The  orbit  storage  life  capabilities  of  the  three 

propellant  combinations  were  determined  and  compared 
for  a  20,000-pound-gross  weight  stage.  The  LF2/LH2 
system  provided  higher  AV  capabilities  than  the  other 
propellants  for  orbital  storage  times  up  to  2  years 
with  full  propellant  tanks.  The  AV  advantage  for 
the  LF2/LH2  systems  is  also  maintained  when  mission 
duty  cycles  result  in  partial  propellant  loads  for 
the  major  portion  of  the  storage  duration. 
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SECTION  I 
INTRODUCTION 

(c)  A  study  was  conducted  under  Contract  AF04(6ll)-10745  to  define  an  advanced 
LF2/LIJq  Maneuvering  Space  Propulsion  System  (MSPS).  For  adaptability  to 
the  Titan  III-C  launch  vehicle,  the  gross  weight  was  selected  to  be  20,000 
pounds.  The  study  concluded  that  the  optimum  concept  for  the  main  engine 
was  a  30,000-pound-thrust  toroidal  aerospike  thrust  chamber  with  a  3300- 
pound-thrust  bell  thrust  chamber  in  the  center  of  the  toroid.  This  engine 
configuration  offers  the  advantages  of  high  performance  over  a  wide  throttle 
range  and  thrust  alignment  through  the  vehicle  center-of-gravity  for  both 
chambers. 

(c)  Because  of  the  potential  mission  performance  capability  gains  of  the  sys¬ 
tem,  the  analyses  of  the  previous  study  were  extended  under  this  program, 
Contract  AF04(6ll)-ll6l7,  to  define  the  advantages  offeree  by  increasing 
the  stage  weight  above  20,000  pounds  for  application  with  Titan  III-C  and 
Saturn  IB  launch  vehicles  and  growth  versions  of  these  launch  vehicles. 
Maximum  payload  capabilities  of  the  launch  vehicles  for  polar  launches 
from  the  Western  Test  Range  with  payload  injection  into  a  100  nautical 
mile  orbit  were  to  be  determined.  Optimum  MSPS  gross  weights  and  con¬ 
figurations  to  maximize  £  V  for  the  propellant  combinations  of  Ld^/LHg, 
LO2/LH2  and  ^O^/Ngl^-UDMH  (50-50)  were  then  to  be  defined  for  each  of 
the  candidate  launch  vehicles. 

(U)  An  additional  objective  of  the  study  was  to  determine  the  orbital  life 

capabilities  of  the  20 ,000-pound  gross  weight  systems  beyond  the  previously 
studied  requirement  of  14  days.  The  LF2/LH2,  LOg/LHg  and  NgO^/NgH. -UDMH 
(50-50)  system  configurations  defined  in  Contract  AFU4(6ll) -10745  t®6**  2) 
were  to  be  used  for  this  analysis  and  their  capabilities  compared. 

(u)  The  above  studies  have  been  defined  os  Task  I  of  the  current  program. 

Tasks  II  and  III  of  the  program  are  experimental  efforts  which  are  di¬ 
rected  to  verify  the  performance,  regenerative  cooling  capability,  and 
structural  integrity  of  the  30 ,000-pound- thrust  toroidal  thrust  chamber. 

The  Task  II  and  III  efforts  will  be  completed  by  April  1967  and  will  be 
reported  separately. 
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SECTION  II 
SUMMARY 

(c)  The  launch  vehicle  payload  studies  defined  the  range  of  Maneuvering  Space 
Propulsion  System  gross  weights  of  interest  for  the  Titan  III-C  and 
Saturn  IB  launch  vehicles,  and  their  growth  versions.  Two  MSPS  payloads, 
2000  and  5000  pounds,  were  used  in  the  analysis.  MSPS  vehicles  using  three 
different  propellant  combinations,  LF^/L Hg,  LOg/LHg,  and  n2o4/n2h4-udmh 
(50-50) ,  were  investigated. 

(c)  The  studies  have  shown  that  as  MSPS  gross  weight  is  increased,  for  the 

various  launch  vehicles  and  payloads  considered,  greater  orbital  maneuver¬ 
ing  Av  can  be  achieved  up  to  the  point  where  suborbital  burn  of  the  MSPS 
is  required  (5  to  58  percent  increase  referred  to  a  20,000-pound  gross 
weight  system).  For  most  cases  of  launch  vehicles  and  payloads,  the  Av 
advantage  obtained  as  a  result  of  the  sub-orbital  firing  is  slight  (0  to 
3  percent).  For  the  nominal  Titan  III-C  and  Saturn  I-B  vehicles,  however, 
the  5000-pound  payload  LF2/LH2  MSPS  achieved  significant  increases  in 
Av  (14  percent)  with  suborbital  burn  and  increasing  gross  weight. 

1  •» 

(U)  Based  on  the  results  of  the  launch  vehicle  payload  capability  analyses, 
a  single  gross  weight  MSPS  was  selected  for  each  propellant  combination 
and  MSPS  payload.  Use  of  the  selected  gross  weight  MSPS  with  each  of  the 
launch  vehicles  resulted  in  near  maximum  Av  capabilities,  particularly 
for  the  cryogenic  systems.  The  maximum  loss,  which  was  for  the  storable 
propellant  system,  was  8  percent.  Losses  for  other  conditions  were  gen¬ 
erally  much  lower.  It  was  found  that  the  two  payloads  considered  required 
two  relatively  different  thrust  levels  and  gross  weights  to  achieve  near¬ 
maximum  Av  values.  It  is  possible  to  select  a  compromise  gross  weight 
and  thrust  level  which  would  accommodate  either  payload,  but  this  may  be 
done  only  with  a  small  A  V  penalty  for  each  payload. 

(u)  Configuration  selection  and  design  parameter  optimization  studies  were 
conducted  in  parallel  with  the  launch  vehicle  payload  capability  studies 
to  determine  the  most  efficient  propulsion  systems  for  each  of  the  propel¬ 
lant  combinations,  MSPS  gross  weights  within  the  applicable  range,  and 
corresponding  design  thrust  levels.  Design  layouts,  stage  weights,  and 
performance  of  the  optimized  propulsion  systems  were  compared,  as  were 
the  mission  performance  capabilities  for  each  of  the  systems  in  conjunction 
with  each  of  the  launch  vehicles. 

(c)  The  concentric  aerodynamic  spike/bell  propulsion  system  was  selected  for 
the  LF2/LH2  and  LO2/LH2  propellants  and  for  design  thrust  levels  of  30>000 
to  75 >000  pounds.  The  selected  N2O4/N2H4-UDMII  (50-50)  propulsion  system 
for  the  range  of  design  thrust  levels  of  interest  was  a  single  primary 
bell  nozzle  engine  flanked  by  two,  lower-thrust,  secondary  bell  nozzle 
engines.  The  maximum  performance  design  parameters  were  determined  for 
each  of  these  engines.  These  are  shown  in  Table  I  for  the  range  of  design 
thrust  levels. 
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T4BLS  I 

SBJCTID  MGIKI  OBION  FAUMRB8 


LFg/XIIg  System 

Aeroepike 

Bell 

8ystem  Design  Thrust, 
lb  z  103 

Thrust, 
lb  x  103 

Chamber 

Pressure, 

pels 

Expansion 

Ratio 

Area 

Thrust, 
lb  x  103 

Chamber 
Pressure , 

cl* 

Expansion 

Ratio 

Area 

30 

30 

630 

63 

3.3 

500 

100 

50 

50 

700 

100 

5.0 

625 

200 

75 

75 

800 

100 

7.5 

740 

200 

LOg/llIg  System 

Aerospike 

L _ 8*11 _ 1 

System  Design  Thrust, 

lb  x  1  <y 

Thrust, 
lb  x  103 

Chamber 

Pressure, 

pels 

Expansion 

Ratio 

Area 

Thrust, 
lb  x  103 

Chafer 

Pressure, 

psia 

Expansion 

Ratio 

Area 

* 

30 

800 

100 

3.3 

500 

100 

50 

50 

800 

100 

5.0 

623 

200 

75 

75 

600 

100 

740 

200 

V 

k/N^4-W*«  (50-50)  S]nt» 

Primary  Bafine 

Secondary  Bigine 

System  Design  Thrust, 
lb  x  103 

Thrust, 
lb  X  103 

Chamber 

Pressure, 

pels 

Expansion 

Ratio 

Area 

Thrust, 
lb  X  103 

Chamber 

Pressure, 

Expansion 

Ratio 

Area 

30 

25.7 

1000 

50 

2.15 

500 

200 

50 

42.8 

1000 

50 

3.6 

500 

200 

73 

64.3 

1000 

50 

3.33 

800 

200 

(c)  The  orbital  storage  capabilities  were  determined  fo_’  each  of  the  propel¬ 
lant  combinations  to  define  the  system  velocity  increment  capabilities 
as  a  function  of  storage  time  in  orbit.  The  20,000-pound-gross  weight 
systems  of  the  previous  studies  (Ref.  2)  define  the  thermal  model.  Ground 
hold,  boost  phase  heating,  and  the  earth  orbital  conditions  combined  with 
the  vehicle  internal  heat  sources  were  considered  to  describe  the  thermal 
environment  of  the  vehicle.  Storage  system  requirements  such  as  insula¬ 
tion,  ullage  volume,  and  propellant  losses  were  determined.  The  engines, 
vehicle  parameters,  and  mission  duty  cycles  were  analyzed  to  determine 
their  effects  on  the  orbital  storage  life. 

(c)  Results  of  the  orbital  propellant  storage  life  comparison  for  the  nominal 
20,000  pound  gross  weight  system  indicate  that  the  LF2/LHo  MSPS  has  the 
greatest  A  V  capability  for  orbital  storage  times  of  up  to  2  years 
with  full  propellant  tanks.  This  storage  time  is  achieved  by  tanking  at 
a  mixture  ratio  below  the  operating  mixture  ratio  of  13:1  to  allow  for 
hydrogen  venting  losses  during  the  storage  period.  Utilizing  a  tanking  mixture 
ratio  the  same  as  the  operating  mixture  ratio  of  13:1  would  reduce  the 
orbital  storage  life  capabilities  of  both  cryogenic  systems.  This  suggests 
that  a  propellant  utilization  system  would  be  beneficial  for  extended 
orbital  storage  periods. 

(C)  For  the  severe  90/10  mission  duty  cycle,  where  90  percent  of  the  propel¬ 
lants  are  burned  the  first  day  and  the  remaining  10  percent  are  burned 
after  the  orbital  storage  period,  the  LF2/LH2  mission  performance  AV 
capability  is  superior  to  that  of  the  N204/N2H4-( 50-50 )  system  for  at 
least  115  days  and  never  falls  below  the  LO2/LH2  system.  A  system  sen¬ 
sitivity  analysis  was  also  conducted,  and  areas  of  new  technology  where 
further  design  effort  may  provide  methods  of  improving  long  term  orbital 
storage  capabilities  were  identified. 
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SECTION  III 

LAUNCH  VEHICLE  PAYLOAD  CAPABILITY  DETERMINATION 


(C)  The  payload  capability  of  the  candidate  booster  vehicles  that  may  be  used 
to  place  the  Maneuvering  Space  Propulsion  System  (MSPS)  into  orbit  defines 
the  potential  size  range  for  the  maneuvering  stage.  In  this  study,  an  in-  . 
vestigation  was  made  of  the  relative  capabilities  of  the  nominal  versions 
and  several  growth  versions  of  the  Titan  III-C  and  the  Saturn  I-B  launch 
vehicles  for  a  wide  range  of  gross  weights  of  the  MSPS.  Preorbital  burn 
of  the  MSPS  was  included  for  gross  weight  versions  above  the  launch  vehicle 
payload  capabilities.  Maneuvering  Space  Propulsion  Systems  designed  for 
2000-  and  5000-pound  payloads  and  using  LF2/LH2,  LO2/LH2,  and  N2O4/N2H4- 
UDMH  (50-50)  propellants  were  investigated  in  conjunction  with  each  candidate 
launch  vehicle.  The  mission  objective  was  to  place  the  MSPS  in  a  100- 
nautical  mile  polar  orbit  from  the  Western  Test  Range  (WTR).  The  results 
are  presented  in  the  form  of  the  in-orbit  £  V  capability  of  the  MSPS  vs 
system  gross  weight.  Typical  increased  gross  weight  maximum  A  V  systems 
are  selected  for  each  payload  investigated.  Further  studies  are  presented 
to  describe  more  exactly  the  capabilities  of  these  example  systems. 

1.  CANDIDATE  LAUNCH  VEHICLE  DESCRIPTION 

(U)  Boost  vehicles  considered  in  the  study  were  the  nominal  versions  and  sel¬ 
ected  growth  versions  of  the  Titan  III-C  and  the  Saturn  I-B.  A  description 
of  the  two  nominal  vehicles  is  given  in  Fig.  1  and  2.  The  solid  strap-on 
versions  of  these  vehicles  were  the  Titan  III  with  seven-segment,  120-inch 
solids,  the  Titan  III  with  three-segment,  156-inch  solids,  and  the  Saturn 
I-B  with  four  Minuteman  strap-on  solids.  The  Transtage  was  not  used  on 
any  of  the  Titan  launch  vehicles  because  the  higher  energy  MSPS  Btage  is 
available  for  the  upper  stage  as  required.  Based  upon  information  obtained 
from  the  Martin  Co.  ,  the  Titan  vehicle  can  support  payload  weights  as  high 
as  70,000  pounds  without  the  Transtage.  Higher  payload  weights  mounted  on 
top  of  the  Titan  launch  vehicle  may  create  structural  problems.  Since  the 
Transtage  was  not  used,  MSPS  gross  weights  were'  limited  to  70,000  pounds. 

The  weight  and  performance  information  required  for  the  analysis  of  the 
Saturn  vehicles  was  obtained  from  Ref.  1.  A  description  of  each  launch 
vehicle  is  presented  in  Fig.  1  and  2,  and  the  stage  weights  and  perform¬ 
ance  data  is  presented  in  Fig.  2  and  Table  II.  The  Titan  launch  vehicle 
configurations  and  the  weight  and  performance  data  for  these  vehicles 
were  obtained  from  cognizant  Air  Force  Space  Systems  Division  personnel. 

The  launch  vehicles  specified  were  indicated  to  be  those  of  prime  interest 
for  future  Air  Force  missions.  The  growth  version  of  the  Saturn  1B  with 
Minuteman  strap-ons  was  selected  to  provide  payloads  in  the  range  of  interest 
for  MSPS. 
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TABLE  II 


TITAN  III  LAUNCH  VEHICLE  DESCRIPTIONS 


Titan  III 
With  Five-Segnent, 

120-Inch  Solids  (twisting) 

Zero  Stage 

Thrust  (sea  level),  2,260,000 
pounds 

Propellant  Weight,  830,000 

pounds 

Specific  Impulse  227 

(Sea  Level),  seconds 

First  Stage 

Thrust  (vacuum),  474,000 

pounds 

Propellant  Weight,  249,000 

pounds 

Specific  Impulse  286 

(vacuum),  pounds 


Titan  III 

With  Seven-Segment, 
120-Inch  Solids 


2,828,000 


1,192,000 


524,000 


284,000 


Titan  III 

With  Three-Segment, 
156-Inch  Solids 


5,200,000 


2,060,000 


524,000 


284,000 


Second  Stage 


Thrust,  pounds 


100,500 


Propellant  Weight,  67,900 
pounds 

Specific  Impulse,  310 
seconds 


100,500 

67,900 


100,500 

67,900 
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2.  GROUND  RULES  AND  METHODS  OE  ANALYSIS 

(C)  The  basic  ground  rules  established  for  the  study  were:  (l)  WTR  launch 

into  a  100-nautical  mile  polar  orbit,  and  (2)  a  minimum  desired  MSPS  thrust- 
to-weight  ratio  of  1.5  in  orbit.  The  orbital  thrust-to-weight  ratio  was 
evaluated  in  the  optimization  studies  of  Ref.  3.  Thrust-to-weight  ratio 
at  suborbital  ignition  of  the  MSPS  is,  therefore,  less  than  1.5  since  more 
propellant  is  on  board  at  ignition. 

(c)  The  payload-in-orbit  capabilities  of  the  launch  vehicles  were  calculated 
with  the  aid  of  Rocketdyne's  Satellite  Ascent  Trajectory  Simulation  Pro¬ 
gram.  The  launch  vehicle  mission  profile  consists  of  a  continuously  pow¬ 
ered  trajectory  to  a  100-nautical  mile  polar  orbit  from  the  Western  Test 
Range.  The  trajectory  consists  of  a  vertical  rise  for  10  seconds  followed 
by  a  programmed  kickover  and  gravity  turn  thrust  steering  program.  The 
gravity  turn  is  terminated  when  dynamic  pressure  decays  to  50  lb/sq  ft 
and  is  followed  by  a  calculus-of-var iations  optimized  thrust  steering 
program  into  orbit.  When  the  orbital  payload  capabilities  of  the  specific 
launch  vehicles  were  exceeded  by  higher  gross  weight  MSPS  configurations, 
suborbital  firing  of  the  MSPS  was  utilized. 

3.  PARAMETRIC  MSPS  STAGE  DESCRIPTION 

(c)  To  determine  the  A  V  capability  of  the  MSPS  for  a  range  of  gross  weight 
values,  parametric  stage  weight  and  performance  data  were  required  for 
the  three  propellant  combinations.  This  information  was  obtained  from 
propulsion  system  optimization  studies  conducted  in  parallel  with  this 
study  effort.  The  stage  inert  weight  data  used  in  the  stage  performance 
calculations  were  based  upon  information  generated  in  the  previous  MSPS 
studies  for  the  alternate  mission  vehicles  described  in  Ref.  2.  These 
data  were  obtained  for  LF2/IH2,  LO2/L&2,  and  ^04/^2^ -UDMH(50-50)  propel¬ 
lants  as  a  function  of  propellant  weight.  Engine  weight  and  specific  impulse 
data  were  obtained  from  preliminary  results  of  the  system  optimization 
studies  and  reflects  optimum  configurations  at  each  of  the  design  thrust 
levels.  Engine  weight  of  the  optimized  systems  increased  nearly  linearly 
with  thrust. 

(c)  Specific  impulse  for  the  LF2/LH0  and  LO2/LH2  systems  increase  with  thrust 
up  to  a  design  thrust  level  of  50,000  pounds  and  remain  constant  for  higher 
thrust  levels.  This  increase  was  primarily  due  to  the  improved  regenera¬ 
tive  cooling  capabilities  of  the  engines  with  increasing  thrust  which 
permitted  increased  Pc  -C  combinations  for  the  primary  engines.  The  opti¬ 
mized  NgOyfyjH^-UDMH  (50-50)  systems  were  found  to  have  a  nearly  constant 
specific  Impulse  with  increasing  thrust.  It  should  be  noted  that  the  sys¬ 
tem  £V  comparisons  are  for  continuous  operation  at  full  thrust  and,  there¬ 
fore,  only  the  maximum  thrust  specific  impulse  was  used  for  the  comparisons 
of  this  portion  of  the  study. 
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4.  MSPS  VELOCITY  CAPABILITY 

(c)  Thr  results  of  the  launch  vehicle  payload  analysis  are  presented  as  MSPS 
relative  £  V  capability  in  orbit  vs  the  total  MSPS  gross  weight  (including 
propellant  consumed  during  suborbital  firing).  The  launch-vehicle  payload 
capabilities  are  thus  translated  directly  to  MSPS  Av  capabilities,  the 
information  of  primary  interest.  The  results  are  referenced  to  the  nominal 
20,000-pound  gross  weight  LF2/LH2  MSPS  of  Ref.  2  which  has  a  £  V  capability 
of  23,150  ft/sec  for  continuous  operation  at  full  thrust.  The  nominal 
Titan  III-C  boost  vehicle  is  discussed  first  and  is  followed  by  the  two 
growth  versions  of  this  vehicle.  The  capabilities  of  the  nominal  and 
growth  version  of  the  Saturn  I-B  are  then  presented.  Maneuvering  space 
propulsion  systems  using  LF2/LH2,  LO2/LH2  and  N2O4/N2H4-UDMH  (50-50)  are 
shown  for  each  launch  vehicle.  Relative  comparisons  with  the  vferious  launch 
vehicles  are  then  presented  for  the  MSPS. 

a.  Titan  Vehicles 

(c)  The  £  V  capability  in  orbit  of  the  2000-pound-payload  MSPS  using  the  Titan 
III-C  boost  vehicle  is  shown  in  Fig.  3-  A  weight  of  21,700  pounds  can  be 
put  into  a  100-nautical  mile  orbit  by  the  Titan  III-C.  For  MSPS  gross 
weights  larger  than  21,700  pounds,  suborbitai  firing  of  the  MSPS  is  re¬ 
quired.  The  £v  capability  increases  with  suborbital  burn;  a  maximum  in¬ 
crease  of  800  ft/sec  for  the  LF2/LH2  MSPS  occurs  at  a  total  gross  weight 
of  38,000  pounds.  The  £  V  capability  of  the  LO2/LH2  is  only  slightly 
improved,  and  the  N2O4/N2H4-UDMH  (50-50)  MSPS  is  not  improved  with  a  sub¬ 
orbital  firing  because  the  lower  specific  impulse  results  in  a  larger 
amount  of  propellant  being  consumed  during  the  suborbital  firing,  thus 
diminishing  the  amount  of  propellant  available  for  the  in-orbit  maneuvers. 

As  the  gross  weight  is  increased,  this  effect  is  accentuated,  causing  the 
curves  for  the  varijus  propellants  to  diverge.  The  curves  representing 
the  LO2/LH2  and  N2O4/N0H4-UDMH  (50-50)  propellant  combinations  peak  at 
lower  total  gross  weights  for  the  same  reason. 

(U)  The  relatively  small  increase  in  £  V  capability  with  suborbital  firing 

and  increasing  gross  weight  can  be  explained  by  referring  to  Fig.  4.  The 
sum  of  the  gross  weight  in  orbit  and  propellant  weight  used  in  the  sub¬ 
orbital  (bottom  two  curves)  firing  equals  the  total  MSPS  gross  weight. 

The  suborbital  propellant  weight  increases  at  a  faster  rate  than  the  gross 
weight  in  orbit.  Hence,  as  total  gross  weight  increases,  a  greater  portion 
of  it  is  used  in  suborbitai  burn,  which  increases  weight  in  orbit  at  a 
lower  rate.  Vehicle  burnout  weight  increases  with  total  gross  weight, 
which  makes  the  quotient: 

gross  weight  in  orbit  _  ^ 
burnout  weight 

(U)  increase  slightly  and  eventually  decrease,  as  shown  in  the  top  curve. 

Since  L.  V  is  equal  to  Is  g  £n  R,  with  Is  essentially  constant  and  R  vary¬ 
ing  very  slightly,  the  net  result  is  a  small  variation  of  the  in-orbit 
L  V  capability  vs  maneuvering  system  gross  weight. 
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Comparison  of  MSPS  Performance  with  Titan  III-C  Launch  Vehicle 


M3PS  Gross  Weight,  pounds 

Figure  4.  Suborbital  Firing  Effects  cn  F2/H2  MSPS 
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(c)  The  ground  rule  requiring  an  initial  thrust-to-weight  ratio  of  1.5  in  orbit 
results  in  a  thrust-to-weight  ratio  of  less  than  1.5  for  the  suborbital 
firing.  The  effect  of  this  restriction  was  investigated  to  determine  if 
a  higher  thrust-to-weight  ratio  for  the  suborbital  firing  would  improve 
the  in-orbit  L  V  capability  of  the  MSPS.  The  results  showed  that  gross 
weight  in  orbit  and  the  propellant  weight  used  in  the  suborbital  firing 
were  virtually  unaffected  by  varying  the  initial  in-orbit  thrust-to-weight 
ratio  over  a  farily  wide  range.  The  net  result  indicates  that  the  in- 
orbit  L  V  capability  of  the  MSPS  is  insensitive  to  reasonable  variations 
in  the  suborbital  firing  thrust-to-weight  ratio. 

(c)  The  5000-pound-payload  MSPS  L  V  in-orbit  capabilities  are  shown  in  Fig.  5 
for  the  nominal  Titan  III-C  launch  vehicle.  These  results,  when  compared 
with  the  2000-pound-payload  system  in  Fig.  3>  indicate  u  more  rapid  in¬ 
crease  in  L .  V  capability  for  the  5000-pound-payload  MSPS  in  the  range  of 
gross  weights  where  suborbital  burn  is  not  required.  It  is  also  noted 
that,  after  suborbital  burn  is  required,  there  is  a  more  significant  in¬ 
crease  in  L  V  capability  with  increasing  gross  weight,  and  the  gross  weight 
at  which  maximum  L  V  occurs  is  higher  than  for  the  2000-pound-payload  MSPS. 
This  effect  can  be  explained  by  examining  the  derivative  of  the  familiar 
L  \  equation  with  respect  to  gross  weight: 


£  V  =  1  g  In  It 
a  b 

where  the  mass  ratio  It  can  be  expressed  as  the  gross  weight  (W^)  over  the 
burnout  weight  (Wjjq).  The  derivative  can  then  be  found  as: 


d  (L  V) 


d  W,. 

If 


-L 

WD0  ' 


_i_yi 

1  +  K  J 


where  K  is  the  propellant-dependent  inert  weight  factor  which  is  essenti¬ 
ally  constant  over  the  range  of  gross  weights  investigated.  It  can  then 
be  seen  that  the  slope  of  the  L  V  vs  gross  weight  curve  at  any  selected 
value  of  gross  weight  is  dependent  upon  the  burnout  weight.  Mien  burnout 
weight  increases,  as  it  does  with  increasing  payload  weight,  the  slope 
of  the  L  V  curve  increases.  In  essence,  this  means  that  an  increase  in 
gross  weight,  of  which  the  greater  portion  is  propellant  weight  (the 
remainder  is  made  up  of  propellant-dependent  inert  weight  to  accommodate 
the  additional  propellant),  provides  a  greater  benefit  to  the  lower  pro¬ 
pellant  weight  or  higher  payload  system.  In  the  region  of  the  curve  where 

suborbital  burn  is  required,  the  gross  weight  in  the  derivative  expression 

is  actually  the  gross  weight  in  orbit.  However,  the  same  trend  applies, 

thus  explaining  the  more  significant  increase  in  L  V  with  gross  weight 

and  the  higher  maximum  L  V  gross  weight  value  for  the  3000-pound-payload 
systems.  The  explanation  of  some  of  the  trends  exhibited  in  the  results 
for  the  nominal  Titan  vehicle  also  applies  to  the  results  for  the  other 
launch  vehicles  because  the  influencing  factors  are  general  or  common 
to  all  the  systems. 
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(c)  Maneuvering  Space  Propulsion  System  L  V  capabilities  for  the  Titan  III 
with  seven-segment,  120-inch  solids  are  shown  in  Fig.  6  and  7  for  the 
2000-  and  5000-pound-payload  MSPS,  respectively.  This  growth  version  of 
the  Titan  III  launch  vehicle  can  place  31(600  pounds  into  orbit;  higher 
MSPS  gross  weights  require  suhorbital  burn.  The  2000-pound-payload  systems 
do  not  benefit  from  a  suborbital  burn.  The  5000-pound-payload  LF2/LH2  MSPS 
shows  a  slight  L  V  advantage  with  increasing  gross  weight  and  suborbital 
burn. 

(c)  The  Titan  III  with  three-segment,  156-inch  solids  can  place  a  43,000-pound- 
payload  weight  in  orbit  as  indicated  in  Fig.  8  and  9  for  the  2000-  and 
5000-pound-payload  MSPS,  respectively.  There  is  only  a  slight  increase  in 
AV  capability  for  the  5000-pound-payload,  LF2/LH0  MSPS  with  suborbital 
burn  when  this  launch  vehicle  is  used.  For  the  2000-pound  payload  and 
alternate  propellant  systems,  there  is  no  L  V  advantage  in  higher  gross 
weight  systems  where  suborbital  burn  is  required. 

b.  Saturn  Vehicles 

(c)  The  nominal  Saturn  I-B  is  capable  of  placing  a  30,760-pound  payload  in  a 
100-nautical  mile  polar  orbit.  The  MSPS  £V  trends  are  shown  in  Fig.  10 
and  11.  Since  the  Saturn  I-B  is  a  larger  vehicle  (greater  payload  or  t  V 
capability)  than  the  nominal  Titan,  the  Saturn  has  more  nearly  obtained 
orbital  velocity  at  the  initiation  of  MSPS  operation  so  that  the  payload 
is  not  increased  noticeably  by  the  suborbital  firing  of  the  MSPS  stage. 
Therefore ,  the  L  V  is  not  improved  as  much  for  the  Saturn  as  for  the 
nominal  Titan. 

(c)  The  uprated  Saturn  I-B  with  Minuteman  strap-ons  will  orbit  approximately 
38,000  pounds  without  a  suborbital  firing  of  the  MSPS.  The  L  V  capabili¬ 
ties  of  the  MSPS  in  conjunction  with  this  launch  vehicle  are  shown  in 
Fig.  12  and  13  for  the  2000-  and  5000-pound  payloads,  respectively. 


Vehicle  Comparisons 


(c)  Comparisons  of  the  various  launch  vehicles  are  presented  in  Fig.  14,  15, 
and  16.  These  curves  are  duplications  of  the  2000-pound-payload,  LF2/LII2 
MSPS  in  conjunction  with  the  various  launch  vehicles.  The  relative  capa¬ 
bilities  of  the  nominal  Titan  III-C  and  Saturn  I-B  are  shown  in  Fig.  14. 
Both  curves  peak  at  an  MSPS  groso  weight  of  approximately  38,000  pounds. 


(c)  A  comparison  of  the  three  Titan  launch  vehicles  is  shown  in  Fig.  15.  The 
increase  in  L  V  capability  with  suborbital  firing  and  increasing  gross 
weight  for  the  Titan  launch  vehicles  with  lower  payload  capabilities  is 
primarily  due  to  the  increasing  specific  impulse  of  the  LF2/LH2  propulsion 
system.  The  specific  impulse  of  the  optimized  LF2/LH2  system  increased 
with  thrust  up  to  a  design  thrust  level  of  50,000  pounds  and  remained 
constant  for  higher  design  levels. 


The  two  Saturn  launch  vehicles  are  compared  in  Fig.  16. 
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Comparison  of  MSPS  Performance  with  Titan  III  Three-Segment  156-Inch  Solids 


Initial  F/rf  in  Orbit  -  1.5 
Payload  *  5000  pounds 
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Comparison  of  Titan  Launch  Vehicles 


Relative  A  V  Capability  in  Orbit 
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Figure  16.  Comparison  of  Saturn  Launch  Vehicles 
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5.  EFFECT  OF  COMMON  MSPS  SIZE  ON  IN-ORBIT  VELOCITY  CAPABILITY 

(c)  An  evaluation  of  the  results  presented  for  the  various  launch  vehicles 
was  accomplished  to  define  an  MSPS  gross  weight  and  thruBt  level  that 
would  provide  near-maximum  Av  capability  when  used  with  any  of  the  can¬ 
didate  launch  vehicles.  This  was  performed  for  the  2000-  and  5000-pound- 
payload  MSPS  using  LFg/LI^ ,  LOg/LHg,  (50-50)  pr jpellantB. 

The  A  V  curves  for  each  launch  vehicle  were  reviewed  to  determine  an  MSPS 
gross  weight  range  corresponding  to  a  0.2  percent  loss  in  A  V  capability. 
This  value  was  arbitrarily  selected  as  a  maximum  desirable  degradation  in 
performance  for  a  common  gross  weight  MSPS.  From  this  gross  weight  range, 
corresponding  in-orbit  gross  weights  can  be  determined  for  each  launch 
system.  Then,  by  maintaining  the  required  initial  thrust-to-weight  ratio 
of  1.5  in  orbit,  the  engine  design  thrust  level  is  defined.  These  com¬ 
parisons  are  discussed  in  the  following  paragraphs. 

a.  LF2/LB2  Systems 


(c)  For  the  2000-pound-payload  U^/LBU  MSPS,  the  range  of  MSPS  gross  weights 
which  will  yield  99.8  percent  of  the  optimum  Av  is  shown  in  Table  III. 

The  corresponding  initial  weights  in  orbit  and  thruBt  levels  are  also 
presented.  Based  on  these  data,  a  total  gross  weight  of  36,000  pounds 
was  selected  as  typical  of  the  range  of  gross  weights  indicated.  This 
gross  weight  is  within  the  desirable  range  for  the  launch  vehicles  of 
primary  interest  (nominal  Titan  and  Saturn  and  the  Titan  with  seven-segment, 
120-inch  solids)  and  slightly  below  the  desirable  grosB  weight  range  for 
the  remaining  two  launch  vehicles.  An  engine  design  thrust  level  of  50,000 
pounds  was  also  selected  as  typical  of  the  range  of  thrust  requirements. 

The  approximate  maximum  MSPS  Av  is  also  shown.  With  these  selected 
values  of  gross  weight  and  thrust,  Table  IV  was  prepared  to  illustrate 
the  range  of  thrust-to-weight  ratios  in  orbit  and  A  V  capabilities  that 
could  be  achieved  by  the  various  launch  vehicles.  With  a  36,000-pound 
gross  weight  MSPS,  the  Titan  III  with  the  three-segment,  156-inch  Bolide 
and  the  uprated  Saturn  do  not  require  suborbital  burn  of  the  MSPS,  thus 
the  initial  in-orbit,  thrust-to-weight  ratio  is  lower  than  was  specified. 
These  systems  with  thrust-to-weight  values  below  the  required  1.5  will 
achieve  this  value  as  soon  as  a  small  amount  of  propellant  is  consumed. 

The  36,000-pound  gross  weight  system  achieves  Av’s  within  4,7  percent 
of  the  maximum  capability  for  each  launch  vehicle. 

(c)  An  identical  evaluation  was  also  conducted  for  the  5000-pound-payload, 
LF2/LH2  MSPS,  and  the  results  are  presented  in  Tables  V  and  VI.  Higher 
gross  weights  are  found  to  be  desirable  for  this  payload.  The  selected 
common  MSPS  gross  weight  was  52,000  pounds  and  the  thrust  was  60,000 
pounds.  In  this  case,  the  selected  cossson  gross  weight  of  52,000  pounds 
provides  a  A  V  capability  within  0,8  percent  of  the  maximm  for  each 
launch  vehicle.  These  comparisons  illustrate  that  for  a  specified  pay- 
load  weight,  a  common  MSPS  gross  weight  can  be  selected  that  will  give 
near-maximin  A  V  capability  when  used  on  conjunction  with  any  of  the 
launch  vehicles  considered.  A  size  comparison  of  the  two  selected  MSPS 
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gross  weights  is  presented  in  Fig.  17.  To  maintain  the  desired  10-foot 
stage  diameter  limit,  a  cylindrical  section  must  be  used  in  the  LHn  tanks 
to  accommodate  the  increased  L Bn  volume  weight  in  comparison  with  the 
nominal  20,000-pound  gross  weight  system.  For  the  52,000-pound  gross  weight 
stage,  a  cylindrical  section  i a  the  LF2  tank  is  also  required. 

(C)  Because  of  the  gross  weight  and  thrust  differences  between  the  two  result¬ 
ing  vehicles,  a  comparison  (Table  VIl)  was  made  of  the  Av  capability  of 
the  selected  2000-pound-payload  vehicle  (gross  weight  =  36,000  pounds, 
thrust  =  50,000  pounds)  carrying  the  5000-pound-payload  (column  l)  and 
the  A  V  capability  of  the  selected  5000-pound-payload  vehicle  (gross 
weight  =  52,000  pounds,  thrust  =  60,000  pounds)  when  carrying  the  2000- 
pound  payload. 

The  Titan  III  with  156-inch  solids  and  the  Saturn  I-B  Minuteman  can  place 
payloads  greater  than  36,000  pounds  in  orbit  without  a  suborbital  firing: 
therefore,  these  launch  vehicles  would  be  off-loaded  (propellant  removed) 
when  used  to  place  the  MSPS  gross  weight  of  36,000  pounds  in  orbit.  Alter¬ 
nately  these  launch  vehicles  may  be  used  with  full  propellant  loads  to 
provide  higher  orbit  altitude  or  orbital  plane  changes  at  injection  if 
required.  Full  propellant  capacity  is  required  for  each  of  the  launch 
vehicles  to  place  the  larger  MSPS  (52,000  pound)  in  orbit. 


b.  LOg/LHg  Systems 


(C)  Comparisons  and  examples  of  MSPS  gross  weight  and  thrust  level  for  LO2/LH2 
systems  with  the  2000  pound  MSPS  payload  are  presented  in  Tables  VIII  and 
IX.  The  range  of  gross  weights  and  thrust  levels  shown  in  Table  VIII  to 
result  in  greater  than  99.8  percent  of  the  optimum  Av  are  seen  to  be 
slightly  lower  than  the  corresponding  values  for  the  LF2/LH2  systems  shown 
in  Table  III.  This  is  a  result  of  the  lower  specific  impulse  of  the  LO2/LH2 
systems  compared  to  the  LF2/LH2  systems  as  discussed  under  Item  4. a.  Com¬ 
parisons  of  the  ranges  of  near-optimum  gross  weights  and  thrust  levels 
resulted  in  selecting  values  of  34,000  pounds  and  48,000  pounds  for  the 
gross  weight  and  thrust  level  respectively  for  the  common  LO2/LH2,  2000 
pound  payload  MSPS.  Although  the  selected  gross  weight  is  the  99.8  percent 
optimum  Av  value  shown  in  Table  VIII  for  the  MSPS  used  with  the  nominal 
Titan,  the  MSPS  thrust  level  selected  results  in  a  greater  than  nominal 
thrust-to-weight  ratio.  ThuB  the  orbital  injection  is  more  efficiently 
completed  and  the  in-orbit  Av  capability  is  improved  by  0.2  percent. 

For  these  selected  values  the  greatest  A  V  loss  (6  percent)  is  experienced 
by  the  Titan  III  with  156  inch  solid  strap-ons.  Selection  of  a  larger  and 
higher  thrust  MSPS  would  benefit  this  configuration  but  would  result  in 
degradation  of  the  configurations  using  the  nominal  launch  vehicles. 

Similar  results  are  shown  in  Tables  X  and  XI  for  the  5000  pound  payload 
MSPS.  The  selected  common  MSPS  gross  weight  of  49,000  pounds  and  thrust 
level  of  56,000  pounds  result  in  payloads  for  all  configurations  which 
are  within  0.4  percent  of  the  maximum  values  obtainable  for  each 
configuration. 
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LF  /LH  MS  PS  PERFORMANCE  CHARACTERISTICS  FOR  5000-P0UND  PAYLOAD* 
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TABLE  VII 

| 

i 


PERFORMANCE  COMPARISON  BETWEEN 
2000-  AND  5000-POUND  PAYLOADS* 
(LFg/LHg  MSPS) 


Launch  Vehicle 

Percent  of  Maximum 
Av  for  5000-Pound- 
T>ayload  Using  2000- 
>  ound-Payload  Vehicle 

Percent  of  Maximum 
Av  for  2000-Pound- 
Payload  Using  5000- 
Pound-Payload  Vehicle 

Titan  III-C  (Nominal) 

96.6 

99.0 

Titan  III  With  Seven- 
Segment,  120-Inch  Solids 

96.3 

98.1 

Titan  III  With  Three- 
Segment,  156-Inch  Solids 

90.0 

99.7 

Saturn  I-B  (Nominal) 

96.3 

99.1 

Saturn  I-B  With  Minuteman 
Strap-Ons 

93.9 

99.6 

*2000-pound-payload  vehicle:  gross  weight  =  36,000  pounds;  thrust  = 
50,000  pounds 

5000-pound-payload  vehicle:  gross  weight  =  52,000  pounds;  thrust  = 
60,000  pounds 
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TABLE  IX 


LOg/LHg  MS  PS  PERFORMANCE  CHARACTERISTICS 
FOR  2000-POUND  PAYLOAD* 


Launch  Vehicle 

Initial  Thrust-to-Weight 
Ratio  in  Orbit 

Percent  Av 
Maximum 

Nominal  Titan  III-C 

1.82 

100 

Titan  III  With  Seven- 
Segment  ,  120-Inch 
Solids 

1.47 

99.9 

Titan  III  With  Three- 
Segment,  156-Inch 
Solids 

1.41 

94 

Nominal  Saturn  I-B 

1.50 

99.8 

Saturn  I-B  With 
Minuteman  Strap-Ons 

1.41 

96.5 

*Gross  weight  =  34,000  pounds;  thrust  =  48,000  pounds 
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LAUNCH  VEHICLE  COMPARISON  CHART  FOR  5000-P0UND  PAYLOAD  (LOg/LHg) 
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Saturn  I-B  With  Minute-  19,450  44,000  to  53,800  40,800  to  44,400  61,000  to  66,600 

Man  Strap-Ons  I 
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TABLE  XI 

LOg/LHg  MSPS  PERFORMANCE  CHARACTERISTICS 
FOR  5000-P0UND  PAYLOAD* 


Launch  Vehicle 

Initial  Thrust-to-Weight 
Ratio  in  Orbit 

Percent  Av 
Maximum 

Nominal  Titan  III-C 

1.76 

99.6  j 

Titan  III  With  Seven- 
Segment,  120-Inch 
Solids 

1.46 

100  | 

Titan  III  With  Three- 
Segment,  156-Inch 
Solids 

1.22 

100 

Nominal  Saturn  I-B 

1.49 

99.7 

Saturn  I-B  With  Minute- 
man  St rap-On s 

1.31 

100 

*Gross  weight  =  49,000  pounds;  thrust  «  56,000  pounds 
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c.  N204/N2H4-UDM1I  (50-50)  Systems 


(C)  Selections  of  MSPS  gross  weights  and  thrust  levels  were  made  for  NqOj^/NqH^- 
UDMH  (50-50)  systems.  The  results  for  the  2000  pound  payload  configuration 
are  shown  in  Tables  XII  and  XIII.  Again,  the  lower  specific  impulse  of  the 
N204/NoH4-UDMII  (50-50)  MSPS  results  in  lower  maximum  performance  gross 
weights  because  of  the  inefficiency  of  using  the  MSPS  for  suborbital  firing. 
The  selected  common  gross  weight  and  thrust  level  are  28,000  and  42,000 
pounds,  respectively.  Selection  of  these  parameters  results  in  an  8  per¬ 
cent  loss  for  the  large  Titan  launch  vehicle.  A  larger  MSPS  would  reduce 
the  losses  for  the  uprated  launch  vehicles,  but  would  increase  the  losses 
for  configurations  using  the  nominal  Titan  and  Saturn  launch  vehicles. 

(c)  Applicable  MSPS  gross  weight  and  thrust  ranges  for  the  ^O^/fyjH^-UDMH  (50-50) 
system  with  5000  pound  payload  are  shown  in  Table  XIV.  The  selected  value 
of  MSPS  gross  weight  (36,000  pounds)  and  thrust  (48,000  pounds)  is  shown 
in  Table  XV  to  result  in  very  near-optimum  £V's  when  used  with  the  nominal 
launch  vehicles  and  with  the  Titan  III  which  uses  120-inch  solid  strap-ons. 

A  6.5  percent  reduction  from  the  maximun  attainable  value  results  when  the 
common  MSPS  is  used  with  the  Titan  III  with  156  inch  strap-ons. 
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TABLE  XIII 

(50-50)  MS  PS  PERFORMANCE  CHARACTERISTICS 
FOR  2000-P0UND  PAYLOAD* 


Launch  Vehicle 

Initial  Thrust-to-Weight 
Ratio  in  Orbit 

Percent  Av 
Maximum 

Nominal  Tital  III-C 

1.81 

100 

Titan  III-C  With 
Seven-Segment ,  120- 
Inch  Solids 

1.50 

96.9 

Titan  III-C  With 
Three-Segment,  156- 
Inch  Solids 

1.50 

92.0 

Nominal  Saturn  I-B 

1.50 

97.5 

Saturn  I-B  With 
Minuteman  Strnp-Ons 

1.50 

93.9 

*  Gross  Weight  *  28,000  pounds;  Thrust  =  42,000  pounds 
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LAUNCH  VEHICLE  COMPARISON  CHART  FOR  5000-P0UND  PAYLOAD  (N„0, /n_H, -UDMH,  50-50 ) 
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TABLE  XV 

N2°4//N2H4_UD>fi  ^ 50-50  ^  M5PS  PHIFOBHANCE  CHARACTERISTICS 
FOR  5000-POUND  PAYLOAD* 


Launch  Vehicle 

Initial  Thrust-to-Weight 
Ratio  in  Orbit 

Percent  Av 
Maximum 

Nominal  Titan  I1I-C 

1.92 

99.9 

Titan  III  With  Seven- 
Segment,  120-Inch 
Solids 

1.47 

99.8 

Titan  III  With  Three- 
Segment,  156-Inch 
Solids 

1.33 

93.5 

Nominal  Saturn  I-B 

1.50 

100 

Saturn  I-B  With  Minute 
man  Strap-Ons 

1.33 

97.3 

*Groes  weight  =  36,000  pounds;  thrust  »  48,000  pounds 
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SECTION  IV 

MANEUVERING  SPACE  PROPULSION  SYSTEM  VEHICLE 
CONFIGURATION  SELECTION  AND  OPTIMIZATION 


(U)  Increased  gross  weight  versions  of  the  Maneuvering  Space  Propulsion  Sys¬ 
tem  (MSPS)  using  LF2/LH2,  LO2/LH2,  and  NgO^/N^H^-UWffl  (50-50)  propellants 
were  analyzed  to  determine  their  optimum  configurations.  This  analysis 
was  conducted  in  parallel  with  the  work  described  in  the  preceding  sec¬ 
tion  and,  therefore,  a  range  of  MSPS  gross  weights  was  selected  based  upon 
the  preliminary  results  of  the  launch  vehicle  studies. 

(c)  An  engine  configuration  selection  study  was  conducted  to  determine  the  most 
desirable  propulsion  system  for  each  propellant  combination  and  stage  gross 
weight  of  interest.  The  selection  was  based  upon  the  maneuvering  propul¬ 
sion  system  requirements  for  a  satellite  intercept  and  fast  response 
reconnaissance-type  missions.  Maximum  use  was  therefore  made  of  the  pre¬ 
vious  comprehensive  selection  studies  of  Ref.  3* 

(u)  An  optimization  analysis  was  conducted  for  the  selected  engine  configura¬ 
tions  for  each  of  the  propellant  combinations  and  selected  stage  gross 
weights.  The  engine  operating  and  design  parameters  were  optimized  at 
the  full-thrust  and  throttled  operating  conditions  to  determine  the  design 
configuration  providing  maximum  L  V  capability.  Regenerative  cooling 
limits,  engine  envelope  restrictions,  and  operational  duty  cycle  effects 
were  combined  with  the  optimization  results  to  determine  the  selected 
engine  design  paramters. 

(U)  An  illustrative  comparison  of  the  LF2/LH2 ,  LOg/LIIg,  and  ^O^^^-UDMH 
(50-50)  MSPS  was  then  made  based  upon  a  selected  system  gross  weight 
determined  by  the  launch  vehicle  payload  capability  studies  and  the  re¬ 
sults  of  the  configuration  selection  and  optimization  studies.  Hiis  com¬ 
parison  includes  engine  system  performance  over  the  operating  thrust 
range,  system  weights,  and  inboard  profile  drawings  to  indicate  compon¬ 
ent  arrangement  and  configuration  size.  The  velocity  capability  of  the 
specific  MSPS  is  presented  for  each  launch  vehicle  and  several  mission 
applications  including  continuous  operation  at  maximum  thrust,  continuous 
operation  at  minimim  thrust,  and  a  series  of  nonevasive  target  satellite 
rendezvous  maneuvers. 


1.  DEFINITION  OF  PROPULSION  SYSTEM  REQUIREMENTS 

(c)  A  range  of  stage  gross  weights  was  selected  for  the  propulsion  system 

evaluation  studies  based  upon  the  preliminary  results  from  launch  vehicle 
payload  capability  studies.  It  has  been  shown  that  payload  capabilities 
for  the  nominal  and  growth  versions  of  the  Saturn  I-B  and  Titan  III-C 
range  from  20,000  to  50,000  pounds.  In  view  of  the  many  possible  launch 
vehicle  and  mission  variations,  stage  gross  weights  of  20,000,  33 >300, 
and  50,000  pounds  were  selected  for  the  initial  configuration  selection 
and  optimization  analysis. 
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The  requirement  for  a  maximum  thrust-to-weight  ratio  of  1.5  (Ref.  3)  then 
defined  the  design  thrust  levels  for  each  stage  gross  weight.  The  mission/ 
propulsion  system  requirements  also  specify  a  minimum  thrust-to-weight 
ratio  at  burnout  of  0.1.  TfaBse  thrust-to-weight  ratio  requirements  com¬ 
bined  with  the  stage  gross  weight,  payload,  and  inert  weight  character¬ 
istics  define  the  required  system  overall  throttling  ratio.  The  effects 
of  stage  gross  weight  and  propellant  fraction  (Xq)  on  the  overall  system 
throttling  ratio  are  illustrated  in  Fig.  18  for  the  2000-pound-payload 
case.  It  can  be  seen  that  the  throttling  ratio  requirement  increases 
with  both  increases  iu  system  gross  weight  and  propellant  fraction.  In 
the  current  study,  the  throttling  ratio  was  varied  with  the  system  gross 
weight,  as  described  in  Fig.  18.  It  should  also  be  noted  that  the  pay- 
load  value  affects  the  required  throttling  ratio.  The  lower  value  of 
payload  (2000  pounds)  coupled  with  the  minimum  thrust-to-weight  ratio  of 
0.1  results  in  the  highest  propulsion  system  throttling  ratio  requirement. 

A  maximum  overall  propulsion  system  diameter  of  10  feet  was  maintained  for 
the  range  of  design  thrust  levels  investigated.  This  diameter  limit  was 
maintained  for  consistency  with  the  Titan  launch  vehicle  diameter  and  the 
maximum  diameter  of  the  MSPS. 

LVjUl^  SYSTEMS 

Engine  Configuration  Selection 

The  engine  configuration  selection  for  the  LESLIE)  systems  consisted  pri¬ 
marily  of  a  review  of  the  major  system  configurations  considered  in  the 
previous  study  of  lief.  3.  A  summary  of  the  advanced  engine  systems  sel¬ 
ected  for  further  analysis  is  shown  in  Fig.  19.  The  selection  criteria 
used  in  the  relative  evaluation  of  these  systems  are  presented  in  Table  XVI. 
The  increased  thrust  level  of  the  systems  to  be  considered  in  the  present 
study  is  the  only  change  to  the  basic  ground  rules  (Ref.  3)  used  in  the 
original  configuration  selection.  A  review  of  the  selection  criteria 
showed  that  the  primary  effect  of  the  increased  thrust  level  was  to  re¬ 
sult  in  higher  Pc  -€  combinations  for  the  aerodynamic  spike  engine  systems. 
This  results  in  an  increase  in  the  specific  impulse  capabilities  of  the 
aerodynamic  spike  engine  relative  to  the  other  engine  configurations. 

The  engine  configuration  selection  criteria  established  in  lief.  3  resulted 
in  the  concentric  aerodynamic  spike^ell  nozzle  propulsion  system  as  the 
most  favorable  system  for  this  application,  because  the  increased  design 
thrust  levels  benefit  the  aerodynamic  spike  engine,  the  original  selection 
results  of  the  previous  study  (lief.  3)  are  valid  for  the  increased  gross 
weight  systems. 

The  selected  LFg/LHo  propulsion  system  consists  of  an  aerodynamic  spike 
engine  designed  to  satisfy  the  maximum  thrust  requirement.  The  overall 
system  throttling  ratio  is  divided  equally  between  the  primary  engine 
and  the  secondary  engine.  The  secondary  engine  is  a  bell  nozzle  thrust 
chamber  with  a  design  thrust  equal  to  the  minimum  thrust  of  the  primary 
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Overall  Fropulsion  System  Throttling  Ratio 


TABLE  XVI 

MAIN  ENGINE  SELECTION  CRITERIA 
(Ref.  3) 

Performance 

Specific  Impulse  (overall) 

Weight 

Operational  Suitability 

Throttling 

Depth 

Adaptability 

Engine  Length  (interstage) 

Transient  Losses 

Number  of  Throttling  Control  Operations 
Engine  Mounting  Adaptability 

Complexity  and  Reliability  Considerations 

Number  of  Major  Components 
Number  of  Critical  Components 

Development  Considerations 

Ease  of  Development 

Number  of  Engines  to  Be  Developed 
Fabrication 
Segment  Development 
Experience 

Technological  Areas  for  Development 
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Figure  19  Advanced  Engines  Selected  for  Further  Analysi 
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engine  and  is  located  in  the  center  of  the  larger  aerodynamic  spike  engine. 
Doth  engines  are  pump  fed  (individual  turbopumps)  using  combustion  chamber 
tapoff  gases  for  turbine  drive. 

b.  Engine  System  Optimization  Procedure 

(u)  An  engine-operating  and  design  parameter  optimization  was  conducted  for 
the  selected  engine  conf iguration  at  each  of  the  design  thrust  levels. 

The  optimization  analysis  results  in  design  and  operating  parameters  that 
provide  maximun  mission  performance  based  upon  a  tradeoff  between  system 
weight  and  performance  (delivered  specific  impulse).  The  results  of  the 
optimization  analysis  in  conjunction  with  heat  transfer  and  system  con¬ 
siderations  provide  the  basis  for  the  selection  of  the  design  and  operating 
parameters  for  the  final  propulsion  system  configurations. 

(C)  Design  thrust  levels  of  30,000,  30,000,  and  75,000  pounds  were  chosen  for 
the  aerodynamic  spike  engines  and  3300,  3000,  and  7500  for  the  bell  nozzle 
engines.  The  two  thrust  chambers  of  the  composite  systems  operate  at 
different  times  and  are  interdependent  only  in  the  control  systems,  envelope 
restrictions,  and  the  equal  and  constant  engine  mixture  ratio  requirement. 

In  view  of  these  considerations,  each  engine  may  be  optimized  separately. 

(c)  The  optimization  was  conducted  treating  L  V  as  the  dependent  parameter  and 
assuming  stage  gross  weight  values  of  20,000  ,  33,300,  and  30,000  pounds 
and  a  payload  of  2000  pounds.  The  design  chamber  pressure  and  expansion 
area  ratio  were  the  independent  parameters  to  be  optimized. 

(C)  An  engine  mixture  ratio  fo  13:1  was  selected  for  the  LF2/LH2  systems. 

This  selection  was  based  upon  previous  optimization  studies  that  have  in¬ 
cluded  the  effects  of  stage  inert  weight,  performance,  heat  transfer  capa¬ 
bilities,  and  throttling  requirements.  A  detailed  mixture  ratio  selection 
study  for  the  LFg/LHg  MSPS  engine  is  reported  in  Ref.  3. 

(U)  A  20-percent  length  nozzle  contour  was  selected  for  the  nozzle  weight  and 
performance  calculations  of  the  aerodynamic  spike  engines.  An  80-percent 
nozzle  length  was  selected  for  the  bell  nozzle  thrust  chambers.  These 
values  are  consistent  with  the  optimization  results  presented  in  Ref.  3. 

(U)  The  optimization  analysis  was  conducted  for  continuous  operation  at  both 

maximun  thrust  and  minimun  thrust.  This  analysis  describes  the  two  limit¬ 
ing  operating  conditions  and,  thus,  the  extremes  in  the  optimal  operating 
parameters  which  are  combined  to  make  the  final  selection  of  operating 
parameters. 

(l)  (u)  Engine  Performance.  Parametric  engine  performance  data  used  in  the 

optimization  analysis  were  generated  by  performing  engine  system  balances 
for  a  range  of  chamber  pressures  and  area  ratios  for  each  of  the  selected 
thrust  levels  and  thrust  chamber  configurations.  Nozzle  expansion  ef¬ 
ficiencies  used  in  the  system  balance  were  obtained  from  the  parametric 
data  presented  in  Ref.  3  and  other  recent  vork.  These  efficiencies  include 
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nozzle  divergence  losses  and  nozzle  drag  losses.  The  nozzle  efficiencies 
were  determined  at  the  full-thrust  and  throttled  operating  conditions  for 
each  combination  of  chamber  pressure  and  area  ratio  considered  in  the 
optimization  analysis. 

(U)  Theoretical  propellant  performance  was  based  upon  the  equilibrium  perform¬ 
ance  model,  and  theoretical  propellant  kinetic  efficiencies  were  used  to 
correct  for  the  kinetic  performance  losses  in  the  nozzle.  The  kinetic 
efficiencies  were  obtained  for  the  full-thrust  and  throttled  operating 
conditions  and  for  parametric  values  of  chamber  pressure  and  area  ratio. 

(c)  For  both  engines,  the  turbopumps  are  powered  by  hot  gases  tapped  from  the 
combustion  chamber.  The  aerodynamic  spike  utilizes  two  parallel  turbines, 
one  for  each  pump,  and  the  bell  nozzle  engine  has  one  turbine  driving 
both  pumps.  Nominal  pump  and  turbine  efficiencies  and  other  system  operat¬ 
ing  characteristics  used  in  establishing  the  parametric  performance  data 
for  full-thrust  and  throttled  operating  conditions  are  presented  in  Table  XVII 
for  the  aerodynamic  spike  and  bell  nozzle  engines. 

(u)  Oxidizer  and  fuel  pump  discharge  pressure  estimates  were  based  upon  the 
nominal  values  presented  in  Ref.  4.  The  ratio  of  the  A  P/Pc  for  each  of 
the  system  components  (injector,  cooling  jacket,  lines  and  valves)  was 
held  constant  for  a  given  operating  thrust  level.  For  the  throttled  operat¬ 
ing  condition,  the  pressure  drops  were  varied  based  on  flowrate  scaling 
factors. 


(2)  (U)  Stage  Weight.  Parametric  stage  inert  weight  data  used  in  the  optimi¬ 

zation  analysis  were  obtained  from  stage  designs  conducted  for  the  optimized 
LF2/LH2  MSPS  propulsion  system.  These  stage  weight  data  were  also  used 
in  the  optimization  of  the  alternate  mission  propulsion  systems  presented 
in  Ref.  2. 

(u)  Parametric  engine  weight  data  were  generated  for  the  various  engine  con¬ 
figurations  using  existing  Rocketdyne  computer  programs.  The  weight  an¬ 
alysis  was  based  upon  past  design  and  fabrication  experience  and  provides 
a  component-by-component  evaluation  of  the  overall  engine  system.  These 
parametric  weights  were  generated  far  the  aerodynamic  spike  and  bell  noz¬ 
zle  engines  for  the  range  of  operating  parameters  considered  in  the 
optimization. 


Aerodynamic  Spike 


cine  Results 


(c)  The  results  of  the  fluorine/hydrogen  aerodynamic  spike  engine  optimization 
are  presented  in  Fig.  20  through  23  for  continuous  operation  at  three  sel¬ 
ected  design  thrust  levels.  As  shown  in  the  curves,  variations  of  expan¬ 
sion  ratio  and  chamber  pressure  over  the  range  indicated,  affected  relative 
velocity  capability  by  a  maximum  of  approximately  1  percent.  From  these 
curves,  it  can  be  seen  that  a  design  chamber  pressure  of  700  to  800  psia 
and  an  area  ratio  of  100:1  provide  near-maximun  mission  performance  for 
all  three  design  thrust  levels.  The  inclusion  of  tht  regenerative  cooling 
capabilities  of  these  systems  results  in  a  slight  adjustment  in  the  selected 
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TABLE  XVII 


LF2/LH2  system  operating 

CHARACTERISTICS 

Aerodynamic  Spike 
Engine 

Bell  Nozzle 

Engine 

Maximum 

Thrust 

Minimum 

Thrust 

Maximum 

Thrust 

Minimum 

Thrust 

Combustion  Efficiency 

0.99 

0.98 

0.99 

0.98 

Engine  Mixture  Ratio 

13:1 

13:1 

13:1 

13:1 

Tapoff  System  Mixture  Ratio 

1.21 

1.21 

1.21 

1.21 

Tapoff  Gas  Temperature,  R 

I960 

I960 

I960 

I960 

Tapoff  Gas  Specific  Heat 

Ratio  (A) 

1.374 

1.374 

1.374 

1.374 

Tapoff  Gas 

1.744 

1.744 

1.744 

1.744 

Oxidizer  Pump  Efficiency 

0.76 

0.718 

0.55 

0.519 

Fuel  Pump  Efficiency 

0.45 

0.407 

0.30 

0.27 

Oxidizer  Turbine  Efficiency 

0.276 

0.07 

0.41 

0.112 

Fuel  Turbine  Efficiency 

0.546 

0.202 

— 

— 

Oxidizer  Turbine  Pressure  Ratio 

15:1 

13.7:1 

15.0 

13.7:1 

Fuel  Turbine  Pressure  Ratio 


15:1 


13.7:1 


Relative  Velocity  Increment 
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Figure  20.  Chamber  Pressure  -  Expansion  Area  Ratio  Optimiza¬ 
tion  for  Fluorine/Hydrogen  30,000  lbf  Aerodynamic  Spike 
Engine 
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Figure  21 .  Chamber  Pressure  -  Expansion  Area  Ratio  Optimization 
for  Fluorine-Hydrogen  50,000  lbf  Aerodynamic  Spike 
Engine 
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Figure  22.  Chamber  Pressure  -  Expansion  Area  Ratio  Optimiza¬ 
tion  for  Fluorine-Hydrogen  75,000  lbf  Aerodynamic 
Spike  Engine 
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chamber  pressure  and  area  ratio  values;  however,  the  overall  velocity 
capability  is  affected  only  slightly  (less  than  0.2  percent  for  the  30,000 
pound  thrust  level  and  0  percent  for  the  50,000  and  75,000  pound  thrust 
levels).  The  selected  values  of  chamber  pressure  and  expansion  ratio  are 
shown  in  Table  XVIII. 


TABLE  XVIII 

OPTIMUM  OPERATING  PARAMETERS  FOR  LF2/LH2 
AERODYNAMIC  SPIKE  THRUST  CHAMBERS  FOR 
CONTINUOUS  OPERATION  AT  FULL  THRUST 


Chamber 

Thrust, 

Pressure , 

pounds 

psia 

€ 

30,000 

580 

80 

50,000 

700 

100 

75,000 

800 

100 

(c)  The  selected  chamber  pressure  value  for  the  30,000-pound  design  thrust 
level  is  slightly  lower  than  the  value  determined  in  Ref.  3>  This  is 
primarily  because  of  revised  turbomachinery  operating  characteristics  that 
evolved  from  the  studies  reported  in  the  design  phase  (Ref.  4).  These 
detailed  studies  resulted  in  refined  turbine  and  punp  efficiencies  for  a 
throttleable  engine. 

(c)  Because  of  the  similarity  of  the  full-thrust  optimization  results  over  the 
range  of  design  thrust  levels  investigated,  the  optimization  analysis  at 
the  throttled  operating  condition  was  conducted  for  the  30,000-pound- 
thrust  system  only.  The  results  are  typical  for  the  range  of  design  thrust 
levels  of  interest  and  will  indicate  the  effect  of  the  throttled  engine 
performance  on  the  selection  of  the  maximum  performance  design  parameters. 

(c)  The  throttled  optimization  results  for  the  30,000-pound-thrust  LP2/LH2 
aerodynamic  spike  engine  are  shown  in  Fig.  23.  As  shown  in  the  figure, 
continuous  operation  at  the  throttled  condition  makes  higher  chamber  pres¬ 
sure  more  desirable.  With  the  consideration  of  the  regenerative  cooling, 
the  maximum  performance  design  parameters  for  continuous  operation  at  the 
throttled  operating  condition  would  be  a  full-thrust  design  chamber  pres¬ 
sure  of  680  psia  and  expansion  area  ratio  of  60:1.  The  optimization  was 
conducted  at  a  throttled  operating  conditions  of  10:1.  This  throttle 
ratio  approximates  the  throttling  requirement  of  the  aerodynamic  pike 
engine  for  each  of  the  assumed  full-thrust  systems  and  also  greatly  simpli¬ 
fied  the  analysis. 

(l)  (U)  Operating  Parameter  Selection  for  LF2/LH2  Systems.  The  final  selection 

of  the  operating  parameters  for  the  engines  depends  upon  a  compromise 
between  the  maximum  performance  parameters  for  continuous  operation  at 
full  thrust  and  the  throttled  operating  conditions.  This  selection  is 
influenced  by  mission  or  throttling  duty-cycle  considerations.  For  those 
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Figure  23,  Effect  of  Throttling  on  30,000  lbf  Aerodynamic 
Spike  Engine  Fluorine -Hydrogen  Propellant  with 
a  10:1  Throttling  Ratio 
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missions  where  the  major  portion  of  the  velocity  increment  is  accomplished 
at  or  near  full-thrust  operating  conditions,  the  maximum  performance  engine 
design  parameters  would  correspond  to  the  optimum  values  for  continuous 
operation  at  full  thrust.  As  a  greater  portion  of  the  mission  is  accom¬ 
plished  at  throttled  operating  conditions,  greater  overall  mission  perform¬ 
ance  is  obtained  with  engine  design  parameters  biased  toward  the  optimum 
values  for  continuous  throttled  operation. 

(c)  The  effects  of  mission  duty  cycle  on  the  design  parameter  selection  were 
obtained  by  combining  the  results  of  the  optimization  analysis  for  con¬ 
tinuous  ope  v.tion  at  both  full  thrust  and  minimum  thrust.  The  procedure 
used  in  combining  the  results  of  the  optimization  analvsis  is  illustrated 
in  Fig.  24.  In  these  curves,  the  relative  total  velocity  increment  is 
plotted  vs  the  fraction  of  the  total  £V  that  is  achieved  at  full  thrust. 
These  results  are  for  the  30,000-pound-thrust  LF2/LH2  aerodynamic  spike 
engine.  Where  the  fraction  of  full  thrust  L  V  is  zero,  the  entire  velocity 
increment  is  achieved  at  the  throttled  operating  condition.  As  the  value 
of  the  fraction  increases,  a  greater  percentage  of  the  mission  is  per¬ 
formed  at  full  thrust.  The  curves  are  plotted  for  selected  combinations 
of  chamber  pressure  and  expansion  area  ratio  ranging  from  the  full-thrust 
optimum  to  the  throttled  optimim  design  parameters.  The  results  of  the 
comparison  shown  in  Fig.  24  indicate  that  the  throttled  engine  performance 
has  the  dominant  influence  on  the  selection  of  the  engine  design  parameters. 
However,  it  is  also  shown  that  the  overall  mission  performance  is  only 
slightly  affected  as  the  design  parameters  are  perturbed  between  the  two 
optimum  conditions.  Based  upon  these  results,  it  was  concluded  that  near¬ 
maximum  mission  performance  could  be  obtained  for  any  operating  thrust 
level  by  selecting  the  throttled  optimum  design  parameters  (Pc  =  680, 

£  =  60)  for  the  30,000-pound-thrust  LF2/LH2  aerodynamic  spike  engine. 

(c)  These  results  are  in  very  close  agreement  with  the  design  parameters  sel¬ 
ected  for  the  LF2/LH2  engine  in  Ref.  3  ( Pc  =  650,  €  =  63).  Therefore, 
the  system  improvements  evolved  since  the  earlier  optimization  study  have 
been  shown  to  have  an  insignificant  effect  on  selection  of  engine  design 
parameters. 

(U)  Based  upon  these  results,  the  design  parameters  for  the  higher-thrust 
LF2/LH2  aerodynamic  spike  engines  were  selected  and  are  summarized  in 
Table  XIX. 

d.  Bell  Nozzle  Engine  Results 

(U)  The  Pc  -  €  optimization  for  the  bell  nozzle  LF2/LH2  engines  is  presented 
in  Fig.  25  through  27  for  continuous  operation  at  the  selected  design 
thrust  levels. 

(c)  In  the  selected  concentric  aerodynamic  spike/bell  engine  configuration, 
the  bell  nozzle  engine  is  located  in  the  central  base  region  of  the 
aerodynamic  spike,  thus  limiting  the  total  diameter  of  the  bell  nozzle. 

These  limits  were  determined  for  the  assembly  of  the  3300-,  5000-,  and 
7500-pound-thrust  bell  nozzle  engines  with  the  30,000-,  50,000-,  and 
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Figure  24 .  Duty  Cycle  Influence  on  Design  Parameter  Selection  for 
30, 000-Pound- Thrust  Fg/H^  Aerodynamic  Spike  Engine 
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TABLE  XIX 

DESIGN  PARAMETER  SELECTION 
FOR  LF2/LH2  PROPULSION  SYSTEMS* 


Engine 

Design 

Thrust, 

pounds 

Chamber  Pressure 
psia 

Aerodynamic  Spike 

30,000 

650 

50,000 

700 

75,000 

800 

Bell 

3300 

500 

5000 

625 

7500 

740 

*  Mixture  ratio  =  13:1 
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Figure  25.  Chamber  Pressure  -  Expansion  Area  Ratio  Optimization 
for  Fluorine -Hydrogen  3  >300  lbf  Bell  Engine 
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Figure  27  •  Chamber  Pressure  -  Expansion  Area  Ratio  Optimiza¬ 
tion  for  Fluorine -Hydrogen  7jJ>00  lbf  Bell  Engine 
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7 5, OOO-pound- thrust  aerodynamic  nozzles.  The  diameter  limits  are  shown 
in  the  figures  as  a  function  of  chamber  pressure.  An  engine  length 
restriction  for  the  bell  nozzle  engines  was  also  established.  The  position 
of  the  exit  of  the  bell  nozzle  was  restricted  relative  to  the  exit  of  the 
aerodynamic  spike  nozzle  to  avoid  impingement  of  the  hot  gases  from  the 
outer  nozzle  on  the  bell  nozzle.  Since  a  single  gimbal  point  is  desired 
for  both  the  inner  and  outer  engines,  the  position  of  the  bell  thrust 
chamber  is  restricted  to  allow  an  efficient  thrust  mount  and  gimbal  design 
as  well  as  convenient  component  packaging.  For  these  parametric  studies, 
these  design  limits  were  established  to  maintain  the  same  ratio  of  aero¬ 
dynamic  spike  engine  length  to  bell  engine  length  as  designed  in  the 
►  original  30 ,000-pound-thrust  LFg/LI^  propulsion  system  (Ref.  4).  %  main¬ 

taining  this  ratio,  the  overall  propulsion  package,  mounting  structure, 
and  gimbal  system  design  remain  unaltered.  This  length  limitation  is 
illustrated  for  the  previously  described  propulsion  system  assemblies  in 
the  respective  figures.  The  design  parameters  selected  for  the  aerodynamic 
spike  engines  were  used  in  establishing  the  engine  length  limits.  The 
regions  to  the  right  of  the  limit  curves  of  Fig.  25,  26  and  27  are  the 
desirable  design  areas. 

(U)  It  can  be  seen  that  the  length  limitation  is  much  more  restrictive  than 
the  diameter  limit  and  thus  will  define  the  engine  envelope  restriction 
in  selecting  the  engine  design  and  operating  parameters.  As  a  result  of 
this  length  restriction,  the  optimum  chamber  pressure  values  will  be  at 
higher  values  than  the  unrestricted  optimum.  As  shown  in  the  figures,  the 
bell  nozzle  optimization  is  much  more  strongly  affected  by  the  expansion 
area  ratio  than  by  chamber  pressure.  Over  the  range  of  chamber  pressures, 
a  variation  in  relative  velocity  increment  of  approximately  1  percent 
occurs.  Over  the  range  of  expansion  area  ratios,  a  relative  velocity 
increment  difference  of  approximately  4  percent  exists.  Although  the 
addition  of  the  length  limit  results  in  higher  optimum  chamber  pressures, 
the  relative  velocity  increment  is  reduced  only  slightly  because  of  this 
restriction. 

(c)  An  optimization  was  also  conducted  for  the  3300-pound-thrust  LF2/LH9  bell 
nozzle  engine  for  continuous  operation  at  one— tenth  of  the  design  thrust. 
The  results  are  shown  in  Fig.  28.  The  nozzle  length  limitation  is  indic¬ 
ated  on  the  curves.  These  results  indicate  that  the  throttled  operating 
condition  tends  to  result  in  much  higher  optimum  chamber  pressure  values. 
Nozzle  area  ratio  has  a  very  slight  effect  on  overall  system  performance 
because  of  the  high  nozzle  drag  losses  that  occur  during  throttled  opera¬ 
tion.  The  higher  optimum  chamber  pressure  is  primarily  a  result  of  the 
kinetic  performance  losses  associated  with  throttled  operation  of  LFg/LHg 
systems. 


(l)  (u)  Operating  Parameter  Selection.  The  selection  of  the  parameters  for 

the  secondary  bell  nozzle  engines  was  based  upon  a  mission  weighted  evalu¬ 
ation  of  the  full-thrust  and  minimum-thrust  optimization  results  and  the 
engine  envelope  restrictions.  Turbomachinery  design  considerations  were 
also  included  in  the  final  design  parameter  selection. 
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Figure  28.  Throttling  Effects  on  Chamber  Pressure-Expansion 
Area  Ratio  Optimization  for  Liquid  Fluorine- 
Hydrogen  3300  lbf  Bell  Engine,  10:1  Throttled 
Operation 
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(C)  The  mission  effects  were  examined  by  selecting  values  of  chamber  pressure 
and  area  ratio  in  a  region  bracketed  by  the  full-thrust  and  minimum-thrust 
optimum  values.  The  mission  weighted  optimizations  are  shown  in  Fig.  29 
for  the  3300-pound-thrust  LF2/LH2  bell  nozzle  engine.  These  curves  were 
constructed  in  the  same  manner  as  those  for  the  aerodynamic  spike  engine 
optimization  results.  In  essence,  they  combine  the  results  of  the  full- 
thrust  and  throttled  optimizations.  From  these  results,  it  is  shown  that 
a  relatively  large  range  in  the  design  values  of  chamber  pressure  and 
area  ratio  have  only  a  minor  effect  on  the  overall  mission  performance. 

(U)  A  review  of  the  parameter  optimization  results  of  Fig.  29  indicates  that 
higher  chamber  pressures  and  area  ratios  are  desired  for  maximum  perform¬ 
ance.  In  evaluating  the  pump  design  considerations  for  the  small  bell 
engine,  however,  it  was  found  that  considerable  simplicity  in  the  LHg 
pump  design  can  be  realized  (fewer  stages)  by  selecting  a  lower  value  of 
chamber  pressure.  Because  the  loss  in  mission  performance  capability  is 
slight  for  the  lower  chamber  pressures,  a  chamber  pressure  of  300  psia 
and  area  ratio  of  100:1  were  selected.  These  parameters  result  in  a  per¬ 
formance  capability  reduction  of  only  l/2  percent  and  1-1/2  percent  at 
respectively  the  full  thrust  burn  and  minimum  thrust  burn  conditions. 

(U)  A  summary  of  the  selected  design  parameters  for  the  LF2/LH2  bell  nozzle 
engines  is  presented  in  Table  XIX. 

3.  LOa/LHg  SYSTEMS 

a.  Engine  Configuration  Selection 

(U)  In  selecting  a  propulsion  system  configuration  for  the  LO2/LH2  propellant 
combination,  the  results  of  the  LF2/LH2  system  selection  study  presented 
in  Ref.  3  were  reviewed  to  determine  the  differences  that  may  oc».ur  in 
the  selection  criteria  and  in  the  relative  ranking  of  the  potential  pro¬ 
pulsion  system  configurations  caused  by  the  change  in  the  oxidizer  pro¬ 
pellant.  The  major  differences  were  found  to  exist  in  the  areas  of  thrust 
chamber  cooling  and  component  development.  However,  these  considerations 
would  not  affect  the  relative  standing  of  the  four  top-ranking  advanced 
propulsion  system  configurations. 

(U)  The  lower  mixture  ratios  typical  of  the  LO2/LH2  systems  result  in  a  signi¬ 
ficant  increase  in  LH2  available  for  thrust  chamber  cooling.  This  permits 
cooling  at  higher  Pc  -  €  combinations  in  comparison  with  the  equivalent 
LF2/LH2  systems.  This  factor  will  result  in  an  increase  in  the  relative 
ranking  of  those  systems  employing  the  aerodynamic  spike  engine  concept. 

(U)  In  view  of  these  considerations,  the  concentric  aerodynamic  spike-bell 
nozzle  engine  conf iguration  selected  in  Ref.  3  and  in  this  study  for 
LF2/LII2  propellants  is  also  the  most  favorable  propulsion  configuration 
for  the  LO2/LH2  systems.  This  conclusion  also  applies  to  the  higher- 
thrust  systems  since  increased  thrust  also  benefits  the  aerodynamic  spike 
engine  configuration. 
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Figure  29.  Duty  Cycle  Influence  on  Design  Parameter  Selection  for 
(  3300-Pound- Thrust  Fg/l^  Bell  Engine 
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b.  Engine  System  Optimization  Procedure 

(u)  The  selected  engine  configuration  for  the  LO2/LH2  MSPS  is  identical  to 
that  chosen  for  the  LF2/LH2  MSPS;  therefore,  the  optimization  analysis 
was  conducted  in  exactly  the  same  manner.  Each  thrust  chamber  was  optimi¬ 
zed  separately,  and  design  parameters  were  selected  to  ensure  that  the 
primary  and  secondary  engines  were  compatible  and  could  be  assembled  to 
provide  the  highest-performing  overall  propulsion  system.  Regenerative- 
cooling  capabilities  were  investigated  along  with  other  engine  design 
limitations.  Throttled  operating  effects  were  also  examined. 

(U)  Previous  studies  of  space  propulsion  systems  have  indicated  that  a  propel¬ 
lant  mixture  ratio  of  6:1  provides  near-optimum  performance  for  the  oxygen/ 
hydrogen  combination.  These  studies  include  the  effect  of  both  engine 
specific  impulse  and  the  vehicle  structural  weight.  Therefore,  for  the 
current  investigation,  the  engine  mixture  ratio  of  6:1  was  selected. 

(c)  Design  thrust  levels  of  30,000,  50,000,  and  75 >000  pounds  were  chosen  for 
the  aerodynamic  spike  engines  to  correspond  to  the  selected  values  of  MSPS 
gross  weight.  Based  upon  the  anticipated  overall  throttling  requirements 
and  the  decision  to  divide  this  throttling  ratio  equally  between  the  pri¬ 
mary  and  secondary  engines,  design  thrust  levels  of  3300,  5000,  and  7500 
pounds  were  selected  for  the  bell  nozzle  engines. 

(U)  An  optimization  analysis  was  conducted  for  each  of  these  engines  for  con¬ 
tinuous  operation  at  full  thrust  and  for  continuous  operation  at  one-tenth 
of  the  design  thrust  level. 

(l)  (U)  Engine  Performance.  Parametric  engine  performance  data  for  the  L02/LH2 

optimization  analysis  were  generated  using  exactly  the  same  procedure  as 
for  the  LF2/LH2  systems.  An  engine  system  balance  was  conducted  for  a  range 
of  chamber  pressures  and  area  ratios  for  each  of  the  selected  thrust  levels 
and  thrust  chamber  configurations. 

(U)  Nozzle  expansion  efficiency  data  including  kinetic,  divergence,  and  bound¬ 
ary  layer  drag  losses  were  generated  for  the  selected  nozzle  contours  and 
exhaust  gas  properties.  Both  the  full-thrust  and  throttled  operating  con¬ 
ditions  were  considered. 

(U)  Theoretical  propellant  performance  was  based  upon  the  equilibrium  perform¬ 
ance  model.  An  anlysis  was  conducted  to  determine  kinetic  efficiency 
associated  with  the  nozzle  expansion  process  for  the  complete  range  of 
operating  conditions.  Nozzle  contours  were  selected  to  provide  near¬ 
optimum  performance.  A  20-percent  length  nozzle  was  chosen  for  the  aero¬ 
dynamic  spike  contours  and  an  80-percent  length  bell  nozzle  was  analyzed 
for  the  secondary  engines. 

(u)  The  turbines  of  the  primary  and  secondary  engines  are  powered  by  hot  gases 
tapped  off  from  the  combustion  chambers.  The  aerodynamic  spike  uses  two 
parallel  turbines,  one  for  each  pump,  and  the  bell  nozzle  engine  has  one 
turbine  driving  both  pumps.  Nominal  pump  and  turbine  efficiencies  and 
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TABLE  XX 

L02/lfl2  SYSTEM  OPERATING  CHARACTERISTICS 


Aerodynamic  Spike 
Engine 

Bell  Nozzle 
Engine 

Maximum 

Thrust 

Minimum 

Thrust 

Maximum 

Thrust 

Minimum 

Thrust 

Combustion  Efficiency 

0.99 

0.98 

0.99 

0.98 

Engine  Mixture  Ratio 

6.0:1 

6.0: 1 

6.0:1 

6.0:1 

Tapoff  System  Mixture  Ratio 

1.12 

1.12 

1.12 

1.12 

Tapoff  Gas  Temperature,  R 

I960 

I960 

I960 

I960 

Tapoff  Gas  Specific  Heat  Ratio  (y) 

1.348 

1.348 

1.348 

1.348 

Tapoff  Gas  C 

IP 

1.802 

1.802 

1.802 

1.802 

Oxidizer  Pump  Efficiency 

0.76 

0.718 

0.55 

0.519 

Fuel  Pump  Efficiency 

0.45 

0.407 

0.30 

0.270 

Oxidizer  Turbine  Efficiency 

0.276 

0.07 

0.41 

0.112 

Fuel  Turbine  Efficiency 

0.546 

0.202 

0.41 

0.112 

Oxidizer  Turbine  Pressure  Ratio 

15:1 

13.7:1 

15:1 

13-7:1 

Fuel  Turbine  Pressure  Ratio 

15:1 

13-7:1 

15:1 

13.7:1 
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other  system-operating  characteristics  used  in  establishing  the  parametric 
performance  data  are  presented  in  Table  XX.  Both  full-thrust  and  throt¬ 
tled  operating  conditions  are  shown  for  the  aerodynamic  spike  and  bell 
engines. 

Oxidizer  and  fuel  pump  discharge  pressure  values  were  based  upon  the  de¬ 
tailed  analysis  conducted  for  the  L^/LHq  systems  and  other  related  system 
studies.  Scaling  procedures  used  to  extend  these  data  to  cover  the  range 
of  design  parameters  and  operating  conditions  were  as  described  for  the 
LF2/I.H2  systems. 

(U)  Stage  Weight.  Parametric  stage  inert  weight  data  used  in  the  optimiza¬ 
tion  analysis  were  obtained  from  stage  design  studies  conducted  for  the 
LO2/LH2  11L-10  stage  and  alternate  mission  vehicles  presented  in  Ref.  3 
and  4. 

Engine  weight  data  were  obtained  from  a  computerized  analysis  which  deter¬ 
mines  the  individual  engine  component  weights  based  upon  a  correlation 
with  past  detailed  hardware  experience. 


Aerodynamic  Spike  Engines 

The  results  of  the  L^/LHo  aerodynamic  spike  engine  optimizations  for  con¬ 
tinuous  operations  at  full  thrust  are  presented  in  Fig.  30  through  32  f°r 
each  of  the  selected  thrust  levels.  The  optimum  chamber  pressures  for 
these  LO2/LIL,  systems  are  seen  to  occur  in  the  500-  to  700-psi  region. 

The  overall  effect  of  the  variation  of  area  ratio  and  chamber  pressure  on 
the  relative  velocity  increment  can  be  seen  to  be  more  significant  than 
those  observed  in  the  fluorine/hydrogen  systems  for  full-thrust  operations. 
This  is  caused  by  the  operation  of  the  oxygen  hydrogen  system  at  a  mix¬ 
ture  ratio  of  6:1  and  the  resulting  lower  stage  inert  weight  efficiency. 

A  design  chamber  pressure  and  area  ratio  of  700  psia  and  150:1  respectively, 
are  seen  to  provide  near-maximum  mission  performance  throughout  the  range 
of  thrust  levels  examined.  The  regenerative-cooling  capabilities  are 
well  above  the  optimum  chamber  pressure  and  therefore  do  not  influence 
the  selection  of  the  design  parameters  for  the  full-thrust  case. 

The  optimization  results  for  the  30,000-pound-thrust  LO2/LH2  aerodynamic 
spike  operating  at  a  10:1  throttled  condition  ore  shown  in  Fig.  33-  Uc- 
cause  of  the  kinetic  performance  losses  and  increased  drag  losses  associ¬ 
ated  with  throttled  operation,  higher  maximum  performance  values  of  chamber 
pressure  occur.  However,  with  the  consideration  of  the  regenerative  cooling 
capabilities,  a  design  chamber  pressure  of  approximately  800  psia  (80  psia 
at  10:1  throttled  operating  condition)  provides  maximum  mission  performance 
for  continuous  operation  at  the  throttled  operating  condition. 

(U)  Operating  and  Design  Parameter  Selection.  The  method  used  in  evaluating 
the  combined  optimization  results  for  the  L0o  L1L,  engines  is  identical  with 
that  used  for  the  LF2/ LIL,  engines  in  that  the  final  selection  of  the  engine 
design  parameters  was  based  upon  a  compromise  between  tiie  maximimi  perform¬ 
ance  design  parameters  for  continuous  operation  at  full-thrust  and  at 
minimum-thrust . 
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Chamber  Pressure,  psia 

Figure  30.  Chamber  Pressure  -  Expansion  Area  Ratio  Optimization 
for  Oxygen -Hydrogen  30,000  lbf  Aerodynamic  Spike 
Engine 
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Chamber  Pressure,  psia 


Figure  31 .  Chamber  Pressure  -  Expansion  Area  Ratio  Optimization 
for  Oxygen-Hydrogen  50,000  lbf  Aerodynamic  Spike 
Engine 
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Relative  Velocity  Increments 


: 


Chamber  Pressure,  psia 

Figure  33.  Throttling  Effect  on  Chamber  Pressure  -  Expansion 


Area  Ratio  Optimization  for  Liquid  Oxygen  -  Hydrogen 
30,000  lbf  Aero  spike  Engine 


74 


CONFIDENTIAL 


CONFIDENTIAL 


The  weighted  mission  effects  on  the  LO2/LH2  aerodynamic  spike  engine  are 
shown  in  Fig.  3 4  for  Pc  -  €  combinations  ranging  among  the  optimum  values 
obtained  for  continuous  operation  at  full  and  minimum  thrust.  The  rela¬ 
tive  L  V  vs  the  fraction  of  t  V  accomplished  at  full  thrust  is  shown. 

These  results  again  indicate  that,  on  an  overall  basis,  the  throttled 
optimum  values  of  chamber  pressure  and  area  ratio  provide  near-maximum 
mission  performance.  It  should  be  noted  that  only  slight  variations  in 
the  maximum  L  \  capability  result  for  the  entire  range  of  Pc  -  C  combina¬ 
tions.  The  combined  results  of  the  mission-weighted  optimization  results 
led  to  the  selection  of  800  psia  chamber  pressure  and  100:1  area  ratio 
for  the  LO2/LH2  aerodynamic  spike  engines  for  the  range  of  design  thrust 
levels  from  30,000  to  75»000  pounds. 

A  summary  of  the  selected  design  values  of  chamber  pressure  and  area  ratio 
are  shown  in  Table  XXI  for  the  LO2/LH2  aerodynamic  spike  engines. 


Bell  Nozzle  Engine 

The  optimization  analysis  for  the  LO2/LH2  bell  nozzle  engine  system  at 
continuous  full-thrust  operation  is  presented  in  Fig.  35  through  37  for 
the  three  selected  thrust  levels.  The  length  restrictions  for  the  ap¬ 
propriate  engine  combinations  are  indicated  on  the  respective  curves. 

These  length  restrictions  were  established  by  the  same  method  as  those 
for  the  LF2/LH2  bell  nozzle  engine.  The  length  limit  line  shown  defines 
the  maximum  bell  nozzle  engine  length  that  will  maintain  the  ratio  of 
the  bell  nozzle  engine  length  to  the  aerodynamic  spike  engine  length  equal 
to  that  of  the  original  30 , 000-pound-thrust  LF2/l%  propulsion  system. 

This  relative  engine  length  provides  an  efficient  overall  propulsion  sys¬ 
tem  package  with  respect  to  mounting  structure  and  component  arrangement 
and  prevents  aerodynamic  spike  hot-gas  impingement  on  the  bell  engine. 
Engine  diameter  restrictions  were  outside  the  range  of  parameters  of  in¬ 
terest.  These  results  indicate  that  the  nozzle  length  restriction  will 
have  a  significant  influence  on  the  selection  of  the  design  chamber  pres¬ 
sure  for  near-maximum  mission  performance. 

The  effect  of  throttled  operation  on  the  optimization  results  for  the 
3300-pound-thrust  LO2/LH2  engine  is  shown  in  Fig.  38.  The  performance 
losses  associated  with  throttled  operation  tend  to  force  the  maximum  per¬ 
formance  chamber  pressure  to  higher  values.  These  results  indicate  that 
a  full-thrust  design  chamber  pressure  of  approximately  1000  psi  would  pro¬ 
vide  the  maximum  L  \  capability  for  continuous  10:1  throttled  operation. 
These  values  are  well  above  the  nozzle  length  limit  (high  chamber  pres¬ 
sure  results  in  shorter  nozzle  length). 

(u)  Operating  Parameter  Selection.  Factors  influencing  selection  of  the 
design  parameters  for  the  LO2/LH2  bell  nozzle  engines  are  identical  with 
those  for  the  LF2/LH2  bell  nozzle  engines.  Final  selection  of  the  design 
parameters  is  based  upon  a  compromise  between  the  full-thrust  and  throt¬ 
tled  optimization  results,  together  with  envelope  and  turbomacbinery  design 
considerations. 
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Fraction  of  Velocity  Achieved  by  Full  Thrust  Burn 

Figure  34.  Duty  Cycle  Influence  on  30,000-Pound-Thrust  Og/Hg 
Aerodynamic  Spike  Engine 
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Figure  35 •Chamber  Pressure  -  Expansion  Area  Ratio  Optimiza¬ 
tion  for  Oxygen-Hydrogen  3300  lbf  Bell  Engine 
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Figure  37.  Chamber  Pressure  -  Expansion  Area  Ratio  Optimization 
for  Oxygen-Hydrogen  7E>00  lbf  Bell  Engine 
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The  thrust  duty  cycle  or  mission  effects  were  examined  by  selecting  cham¬ 
ber  pressure  and  area  ratio  values  in  a  region  bracketed  by  the  full- 
thrust  and  minimum-thrust  optimum  values.  The  Maneuvering  Space  Propulsion 
System's  capabilities  were  compared  for  various  divisions  of  full-thrust 
and  throttled  operation.  These  comparisons  are  shown  in  Fig.  39  where 
relative  £  V  is  shown  as  a  function  of  the  percentage  of  the  total  £  V 
accomplished  at  full  thrust.  These  results  show  that  a  relatively  large 
range  in  the  design  values  of  chamber  pressure  and  area  ratio  have  only 
a  minor  effect  on  overall  mission  performance. 

As  in  the  case  of  the  LFo/LlL>  systems  the  chamber  cooling  analysis  results 
were  used  to  specify  the  optimum  chamber  pressure  for  the  large  engines. 

In  order  to  maintain  the  same  simplicity  of  turbopump  design  for  the  small 
engines  as  with  the  LF2/LR}  systems  these  turbopump  performance  analysis 
results  were  used  to  specify  the  chamber  pressures  for  the  small  engines. 

The  selected  design  parameters  are  shown  in  Table  XXI. 


TABLE  XXI 


DESIGN  PARAMETER  SELECTION  FOR 
lo2/lh0  PROPULSION  SYSTEMS* 


Engine 

Aerodynamic  i 
Bell  Nozzle 
Bell  Nozzle 
Bell  Nozzle 


Design  Thrust, 
pounds 

Chamber  Pressure, 
p8ia 

Area  Ratio 

30,000  to  50,000 

800 

100 

3300 

W1 

0 

0 

100 

5000 

625 

200 

7500 

740 

200 

*Mixture  ratio  =  6:1 

N2°4//N2H4"UDMH  ( 50-50 )  SYSTEMS 
Engine  Configuration  Selection 

A  detailed  configuration  selection  study  was  conducted  for  the  ^OA/NgH^- 
UDMH  (50-50)  systems.  This  configuration  selection  study  represents  an 
extension  of  a  brief  analysis  conducted  for  the  alternate  mission  propul¬ 
sion  system  of  Ref.  4  and  includes  the  effect  of  throttling  capability 
on  the  system  configuration  selection.  The  propellant  combination  of 
N2O4/N2H4-UDMH  (50-50)  is  grossly  different  from  the  previous  all-cryogenic 
systems.  Therefore,  rather  than  extend  the  previous  engine  configuration 
selection  studies  a  complete  new  configuration  selection  study  was  con¬ 
ducted.  As  in  the  fluorine/hydrogen  and  oxygen/bydrogen  studies,  multiple 
engine  configurations  were  evaluated  to  achieve  the  required  throttling 
ratios.  Both  annular  and  bell  nozzle  configurations  were  considered.  A 
variety  of  cooling  methods  was  included. 


~  1!..nr  " 
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Fraction  of  Velocity  Achieved  by  Full- Thrust  Burn 

Figure  39.  Duty  Cycle  Influence  on  Design  Parameter  Selection  for 
3300-Pound- Thrust  O^/Hg  Engine 
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(U)  The  regenerative  cooling  capability  of  this  propellant  combination  was 
investigated  first.  The  bulk  temperature  of  the  N2H4-UDMH  (50-50 )  pro¬ 
pellant  limits  regenerative  cooling  for  this  particular  propellant  com¬ 
bination.  For  relatively  low-thrust  propulsion  systems,  this  limit  can 
be  restrictive,  particularly  for  throttling  engine  systems. 

(U)  A  review  of  regenerative  cooling/heat  transfer  studies  (Ref.  5)  conducted 
for  annular  combustors  using  both  N2O4  and  N2H4-UDMH  (50-50)  88  the  regen¬ 
erative  coolant,  has  provided  the  regenerative-cooling  feasibility  limits 
for  these  type  engine  configurations.  Regenerative  cooling  with  ^0^ 
was  shown  to  be  applicable  for  high  operating  chamber  pressures  (above 
1400  psia)  only.  Because  of  the  throttling  requirement,  low  operating 
chamber  pressures  are  unavoidable  in  the  MSPS.  This  requirement  then 
limited  the  regenerative  coolant  to  N2H4-UDMH  (50-50). 

(C)  Regenerative  cooling  analysis  conducted  for  the  annular  type  combustion 

chambers  indicated  that  for  throttling  systems  of  the  relatively  low  thrust 
levels  of  interest  (30,000  to  75)000  pounds),  the  Pc  -  €  parameter  combina¬ 
tions  are  limited  to  relatively  low  values.  This  of  course  is  undesirable 
from  the  standpoint  of  achieving  maximum  performance.  Other  cooling  methods 
for  the  annular  type  combustors,  such  as  ablative  designs,  were  also  con¬ 
sidered;  however,  because  of  the  mission  duty  cycle  requirements,  the  weight 
penalties  would  be  excessive.  Based  on  these  considerations,  therefore, 
the  annular  type  engines  were  not  considered  further  for  N2O4/N2H4-UDMH 
(50-50)  systems. 

(l)  (u)  Bell  Nozzle  Engine  Configurations.  The  conventional  bell  nozzle  thrust 

chamber  evaluation  was  initiated  with  a  brief  analysis  to  determine  the 
thrust  chamber  cooling  requirements  and  capabilities  over  the  range  of 
design  thrust  levels  and  throttling  ratios  that  might  be  required.  Because 
of  the  depth  of  throttling  required,  it  was  recognized  that  multiengine 
propulsion  systems  would  offer  a  definite  advantage.  Therefore,  design 
thrust  levels  selected  for  the  thrust  chamber  cooling  analysis  were  chosen 
to  represent  the  range  of  design  thruBt  levels  that  would  be  used  in  the 
typical  multiengine  propulsion  systems.  The  purpose  of  the  thrust  chamber 
cooling  analysis  was  to  determine  any  design  or  operating  restrictions 
that  must  be  considered  in  the  comparison  of  the  candidate  systems.  These 
restrictions  could  be  in  terms  of  maximum  chamber  pressure,  mixture  ratio, 
firing  duratit.  and  throttling  ratio. 

(U)  The  methods  of  thrust  chamber  cooling  considered  for  this  comparison  in¬ 
clude  regenerative,  film,  and  ablative  cooling.  The  operating  conditions 
assumed  for  the  cooling  analysis  were  selected  based  upon  the  results  of 
previous  system  optimization  studies. 


(a) 


(c)  Regenerative-Radiation  Cooling  Analysis.  The  regenerative-cooling 
analysis  was  conducted  for  conventional  bell  nozzle  thrust  chambers  with 
design  thrust  levels  between  5000  and  65 ,000  pounds  and  chamber  pressures 


of  200  to  1000  psia.  It  was  assumed  that  a  radiation-cooled  nozzle  skirt 


would  be  used  whenever  possible  to  minimize  the  heat  load  to  the  coolant. 
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(U)  Combustion  chamber  heat  transfer  rates  were  calculated  using  the  gas-side 
film  coefficient  determined  from  the  Mayor  equation. 

(U)  The  radiation  equilibrium  temperature  profile  is  determined  by  a  simple 

balance  of  the  convective  heat  input  and  the  radiative  heat  rejection  along 
the  length  of  the  nozzle.  This  profile  was  combined  with  a  specified  maxi¬ 
mum  allowable  skirt  temperature  to  determine  the  attach  point  area  ratio. 

(U)  The  results  of  the  radiation-cooling  analysis  are  summarized  in  Fig.  40 
where  the  minimum  area  ratio  attach  point  is  given  as  a  function  of  cham¬ 
ber  pressure  and  thrust  level.  The  specified  temperature  at  the  attach 
point  is  2400  F,  which  is  typical  of  a  refractory  material.  A  material 
emittance  of  0.8  was  assumed  in  conjunction  with  a  nozzle  view  factor  of 
unity  to  0-degree  Rankine  space.  It  is  seen  in  Fig.  40  that  the  chamber 
pressure  has  a  significant  effect  upon  the  attach  point.  For  example,  at 
a  chamber  pressure  of  200  psia,  it  is  necessary  to  cool  regeneratively  only 
to  an  area  ratio  of  approximately  15.  At  a  chamber  pressure  of  1000  psia, 
it  is  necessary  to  continue  regenerative  cooling  to  an  area  ratio  of  almost 
90. 

(c)  The  results  of  the  radiation-cooling  study  were  utilized  in  the  regenerative- 
cooling  chamber  designs.  Five  discrete  chamber  operational  points  were 
studied.  These  points  consisted  of  thrust  levels  of  5000,  25,000  and  65,000 
pounds  at  a  chamber  pressure  of  500  psia  and  additional  chamber  pressures 
of  200  and  1000  psia  at  the  5000-pound  thrust  level.  To  minimize  the  total 
heat  input  to  the  thrust  chambers,  high  contraction  ratio  designs  were  used. 
The  use  of  high  contraction  ratios  for  a  fixed  characteristic  length  results 
in  a  lower  average  heat  flux  level. 

(U)  The  basic  nozzle  geometry  was  the  same  for  all  cases  consisting  of  a  100:1 
area  ratio,  80-percent-length  bell  contour.  Regenerative  cooling  was  limi¬ 
ted  to  only  a  portion  of  this  basic  contour,  as  discussed  above. 

(U)  The  nominal  (full-thrust)  cases  of  interest  were  analyzed  by  performing  a 
heat  balance  along  the  chamber  wall  contour  and  determining  the  local 
regenerative-coolant  tube  shape  necessary  for  adequate  cooling.  The  incre¬ 
mental  pressure  drop  and  bulk  temperature  rise  were  calculated  and  summed 
to  determine  total  jacket  pressure  drop  and  coolant  temperature  rise. 

(u)  The  results  of  the  regenerative-cooling  analysis  for  the  nominal  design 
points  are  presented  in  Fig.  41  where  the  coolant  jacket  pressure  drops 
are  shown  as  a  function  of  chamber  pressure  and  thrust  level.  It  is  seen 
that  in  all  cases  considered,  the  jacket  pressure  drop  is  less  than  one- 
half  of  the  chamber  pressure,  and  the  deBignB  appear  to  be  feasible  for 
nominal  (full-thrust)  operation.  These  results  indicate  considerably  lower 
pressure  drops  than  reported  previously  (Ref.  7).  The  primary  differences 
between  this  study  and  the  earlier  one  are  the  use  herein  of  higher  chamber 
contraction  ratios  with  a  more  favorable  (i.e.  ,  lower  heat  flux  level) 
combustion-side  convective  film  coefficient  relation. 
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(U)  In  addition  to  the  full-thrust  operation,  throttling  operation  was  con¬ 
sidered  and  the  limit  of  throttling  was  described  for  each  of  these  chamber 
designs.  As  the  thrust  chamber  is  throttled,  two  important  changes  occur 
in  the  coolant  condition.  One  change  is  caused  by  the  coolant  flowrate 
decreasing  faster  than  the  heat  flux  level,  thereby  resulting  in  an  effec¬ 
tive  increase  in  the  bulk  temperature  rise  of  the  coolant.  The  other  change 
is  a  decrease  in  the  local  saturation  temperature  of  the  coolant  caused  by 
the  decreasing  coolant  pressure  at  throttled  conditions. 

(U)  The  absolute  limit  for  throttling  occurs  when  the  coolant  bulk  temperature 
and  saturation  temperature  are  equal ,  resulting  in  a  bulk  boiling  condition. 
Such  a  condition  would  result  in  a  tube  burnout  caused  by  the  very  high 
thermal  resistance  of  the  coolant  vapor  film  along  the  tube  wall. 

(u)  To  determine  the  throttling  limits  based  upon  the  above  bulk  boiling 

criteria,  it  was  necessary  to  estimate  the  coolant  exit  saturation  temp¬ 
erature  and  bulk  temperature  as  a  function  of  throttle  ratio.  It  was  as¬ 
sumed  that  the  coolant  pressure  at  the  tube  bundle  exit  was  approximately 
15  percent  higher  than  chamber  pressure.  Using  this  assumption  and  the 
vapor  pressure  vs  temperature  curve  for  the  ^H^-UDMH  (50-50)  fuel  (Ref.  8) 
the  coolant  saturation  temperature  was  determined  as  a  function  of  throttle 
ratio. 

(U)  The  results  of  the  throttling  portion  of  this  study  are  presented  in  Fig.  42 
through  46  where  the  saturation  temperature  and  bulk  temperature  are  plotted 
as  a  function  of  throttle  ratio.  The  point  of  intersection  of  the  saturation 
temperature  curve  and  the  bulk  temperature  curves  represent  the  maximum 
throttling  because  this  point  indicates  a  bulk  boiling  condition.  In  actu¬ 
ality,  the  throttling  limit  would  be  somewhat  lower  since  film  boiling  is 
likely  to  occur  somewhat  before. 

(c)  The  results  are  summarized  in  Fig.  47  where  it  can  be  seen  that  high  thrust 
(65,000  pounds)  and  low  mixture  ratio  (l.6)  tend  to  allow  for  deeper  throt¬ 
tling,  with  the  possibility  of  throttle  ratios  of  approximately  6.  Low 
thrust  (5000  pounds)  and/or  high  mixture  ratio  (2.o)  limit  the  throttling 
ratio  to  approximately  4  or  less.  The  effect  of  chamber  pressure  upon 
throttle  ratio  was  found  to  be  of  secondary  importance  in  this  study. 

(c)  The  above  throttling  limits  are  based  upon  the  assumption  that  the  coolant 
jacket  pressure  decreases  somewhat  proportionally  to  chamber  pressure 
(throttle  ratio).,  This  is  the  expected  occurrence  when  the  throttling 
occurs  upstream  of  the  coolant  jacket  by  means  of  a  reduced  pump  discharge 
or  tank  pressure.  It  would  be  desirable  to  maintain  the  coolant  jacket 
pressure  at  a  high  level  during  throttling,  thereby  raising  the  saturation 
temperature  of  the  coolant.  This  would  shift  the  point  of  intersection  of 
the  saturation  and  bulk  temperature  lines  to  the  right  in  Fig.  42  through 
46,  indicating  the  possibility  of  deeper  throttling  (approximate  throttling 
ratios  greater  than  10).  A  graphical  representation  of  this  effect  is 
shown  in  Fig.  45.  Essentially,  this  approach  requires  that  throttling 
occur  downstream  of  the  regenerative-cooling  jacket.  The  primary  difficulty 
with  this  method  is  that  it  requires  a  pump  that  will  provide  a  decreasing 
flow  while  maintaining  a  relatively  high  discharge  pressure.  In  pressure- 
fed  design,  of  course,  this  problem  is  not  encountered. 
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Temperature 


Figure  ^2.  Throttling  Limits  for  a  Regeneratively  Cooled 
Storable  Propellant  Thrust  Chamber 
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Figure  43.  Throttling  Limits  for  a  Regeneratively  Cooled, 
25,  000-Pound -ThruBt  N204/n2H4-UDMH(50-50) 
Propellant  Thrust  Chamber 
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Figure  45.  Throttling  Limits  for  a  Regeneratively  Cooled 

N204/^A"UDMH  ($0-$0)  Propellant  Thrust  Chamber 
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Combustion  Chamber 
Design  Parameters 

L*  °  35  inches 


Nominal  Operating  Conditions* 
Chamber  Pressure  °  1000  psia^ 
Thrust  ■  5000  pounds 


30  degrees 


Mixture  Ratio 


Coolant  i1x.lt 
Lulk  Temperature 


Saturation  Temperature 

(Pbuik  -  1*15  Chamber  Pressure) 


Throttled  Limit,  Mixture  Ratio  =  2.0 


Throttle  Limit,  Mixture  Ratio  =1.6 


Tnrottle  Ratio  (^nominal  ) 

^throttled 

Figure  ^6.  Throttling  Limits  for  a  Regenerative  Cooled  N„  0.  / 
NoHn-UDMHl50-50)  Propellant  Thrust  Chamber 
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(u)  An  alternate  approach  for  deep  throttling  a  pump-fed  chamber  is  to  over- 
design  the  pump  discharge  pressure  at  nominal  conditions  so  that,  at 
throttled  conditions,  the  jacket  coolant  pressure  is  sufficiently  high 
to  prevent  bulk  boiling. 

(C)  It  is  concluded  on  the  basis  of  the  foregoing  analysis  that  it  is  feasible 
to  regeneratively  cool  the  throttlable  low-thrust  (a  5000  pounds)  moderate- 
to-high  pressure  (200  ^  Pc  ^  1000  psia),  storable-propellant,  bell  thrust 
chambers  of  interest  in  this  study.  The  nominal  chamber  designs,  however, 
require  use  of  radiation  skirts  and  high-combustion-zone  contraction  ratios 
to  minimize  the  total  heat  load  to  the  coolant.  The  throttling  of  these 
engines  is  limited  somewhat  using  normal  upstream  (of  the  coolant  jacket) 
throttling  techniques  because  of  the  occurrence  of  bulk  boiling  of  the 
coolant.  Maximum- throttle-ratio  limits  in  this  case  are  in  the  range  of 
4  to  6.  If  a  downstream  throttling  method  is  used  so  that  the  coolant 
jacket  pressure  is  maintained  at  a  relatively  high  level  (thereby  main¬ 
taining  a  high  saturation  temperature),  the  throttling  ratio  may  be  ex¬ 
tended  to  a  value  of  10:1  or  greater. 

(b)  (u)  Film  and  Ablative  Cooling.  Because  of  the  limitations  of  cool¬ 

ing  engines  regeneratively  during  throttling  with  NpO^-NgH^-UDMH  (50-50) 
propellants  in  the  thrust  range  being  considered,  ablative  and  film  cool¬ 
ing  methods  were  also  briefly  considered.  These  methods  are  similar  in 
that  both  form  a  protective  layer  between  the  wall  and  the  hot  gas.  Film 
cooling  is  achieved  by  introducing  a  thin  film  of  coolant  (liquid  ^H^-UDMH 
(50-50)  was  used  in  the  present  study)  through  slots  in  the  wall,  into 
the  boundary  layer  on  the  hot-gas-side  wall  surface. 

(U)  The  approach  used  to  evaluate  film-cooling  requirements  neglected  the 

effects  of  angle  spacing  and  orifice  or  slot  size.  The  heat  transfer  rate 
to  the  coolant  injected  into  the  hot-gas  stream  was  calculated.  The  film 
coolant  heat  capacity,  heat  of  vaporization,  and  an  efficiency  factor  which 
accounts  for  losses  of  the  film  coolant  to  the  mainstream  flow  without  any 
beneficial  effect  were  used  to  determine  the  temperature  of  the  film  cool¬ 
ant  as  it  travels  along  the  walls.  More  film  coolant  is  injected  when 
the  temperature  of  the  coolant  at  the  wall  approaches  the  maximum  speci¬ 
fied  wall  temperature. 

(U)  The  results  of  this  analysis  are  shown  in  Fig.  48  for  three  specified  maxi¬ 
mum  wall  temperatures  corresponding  to  nickel,  stainless  steel,  and  a 
refractory  material.  The  effect  of  chamber  pressure  on  the  film-cooling 
requirement  was  found  to  be  negligible  for  a  wide  range  of  clumber  pres-, 
sures  becauses  the  added  density  which  occurs  when  increasing  chamber 
pressure  was  compensated  for  by  the  reduced  nozzle  area.  Since  the  noz¬ 
zles  considered  were  assumed  to  be  radiation  cooled  beyond  an  area  ratio 
of  30,  increased  chamber  pressure  could  affect  the  film-cooling  require¬ 
ments  if  the  chamber  pressure  were  raised  to  such  an  extent  that  radiation 
cooling  waanot  possible  beyond  an  area  ratio  of  30.  However,  for  the 
purposes  of  this  study,  chamber  pressure  was  assumed  to  have  no  effect. 

The  film-cooling  requirements  given  in  Fig.  48  are  for  fully  film-cooled 
engines  (to  an  area  ratio  of  30).  The  film-cooling  requirements  would 
decrease  significantly  if  the  engines  were  partly  regeneratively  cooled. 
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(u)  For  ablative  cooling  the  required  ablative  thickness  (shown  in  Fig.  49) 
was  obtained  using  the  LEM  descent  engine  design  as  a  reference.  The 
LEM  descent  engine  utilizes  the  same  propellants,  and  approximate  thrust 
and  chamber  pressure  as  the  lower  range  thrust  engines  required  for  the 
application  considered  in  this  study.  The  only  parameter  which  affectB 
the  required  thickness  significantly  (Ref.  9)  is  the  firing  duration. 

(U)  The  required  char  depth  thickness  is  approximately  proportional  to  the 
square  root  of  the  firing  duration.  Since  the  required  firing  duration 
is  not  a  fixed  value  for  the  MSPS  application,  a  curve  of  required  thick¬ 
ness  vs  time  is  shown  in  Fig.  49  based  upon  the  LEM  firing  duration  of 
770  seconds  and  the  VT  variation.  This  required  thickness  would  have  to 
be  increased,  and  possibly  some  erosion  would  take  place,  as  a  result  of 
long-period  shutdowns  and  numerous  restarts.  When  shutdown  occurs,  the 
heat  stored  up  in  the  char  layer  continues  to  release  more  pyrolysis  gases, 
increasing  the  char  layer  depth. 

(з)  (c)  Selection  of  Candidate  Propulsion  Systems.  The  results  of  the  thrust 
chamber-cooling  studies  for  the  bell  nozzle  engines  provided  the  guide¬ 
lines  for  the  formulation  of  candidate  propulsion  system  using  the  ^2^k/ 
N2H4-UDMH  (50-50)  propellant  combination.  In  general,  regenerative  cooling 
was  incorporated  whenever  feasible.  Film  cooling  was  found  to  require 
excessively  high  coolant  flowrates  and  therefore  was  not  considered  as  a 
primary  method  of  thrust  chamber  cooling,  but  it  may  be  considered  as  a 
means  of  augmenting  the  regenerative  cooling  for  situations  where  operat¬ 
ing  conditions  exceed  the  regenerative-cooling  capabilities.  For  those 
design  thrust  levels  nd  throttling  ratios  where  regenerative  cooling  is 
feasible  only  by  maintaining  high  coolant  jacket  pressures,  ablative  liners 
were  considered  as  an  alternate  cooling  method. 

(c)  The  list  of  candidate  propulsion  systems  selected  for  evaluation  is  pre¬ 
sented  in  Table  XXII  for  the  three  values  of  system  design  thrusts  (30,000, 
50,000,  and  75,000  pounds).  System  A  consists  of  a  single  thrust  chamber 
and  therefore  must  be  capable  of  operation  over  the  entire  indicated  throt¬ 
tling  ratios.  In  view  of  the  inability  of  a  regenerative-cooling  system 
to  function  over  the  required  range,  this  engine  was  assumed  to  be  ablatively 
cooled.  In  the  following  comparison,  all  of  the  ablative  chambers  are 
assumed  to  have  a  2.0-inch  thickness  which  provides  a  burn  duation  of  ap¬ 
proximately  2000  seconds.  This  burn  duration  is  below  that  which  would 
result  if  all  propellants  were  burned  at  minimum  thrust.  However,  in  the 
case  of  the  multiengine  systems,  the  operating  time  can  be  divided  between 
two  or  more  engines,  thus  significantly  increasing  the  maximum  burn  dura¬ 
tions  for  the  system  at  reduced  operating  thrust  levels. 

(и)  Systems  B  and  L  are  four  equal-thrust  engines  with  regeneratively  and 
ablatively  cooled  chambers,  respectively.  Since  relatively  high  throt¬ 
tling  ratios  are  required  for  the  individual  engines,  a  high  pump  discharge 
pressure  and  cooling  jacket  pressure  must  be  maintained  over  the  throt¬ 
tling  range  to  provide  adequate  regenerative-cooling  capabilities.  The 
ablative  chamber  provides  a  method  whereby  this  operating  penalty  may  be 
avoided. 
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It  vas  shown  previously  that  regeneratively  cooled  engines  with  design 
thrust  levels  from  25*000  to  75*000  pounds  thrust  could  be  throttled 
through  a  range  of  approximately  6:1  without  compromising  the  overall 
system.  With  this  restriction  in  mind*  several  multiengine  systems  were 
formulated  in  an  effort  to  reduce  the  required  throttling  ratio  for  the 
individual  thrust  chambers.  Systems  C  and  H  consist  of  a  primary  high- 
thrust  engine  which  is  throttled  6:1  and  two  low-thrust  engines  which  pro¬ 
vide  the  remainder  of  the  required  throttling  range.  The  throttling  ratios 
of  the  low-thrust  engines  are  still  above  that  which  can  be  accomplished 
without  some  system  compromise.  Therefore*  ablative  chambers  are  also 
considered  as  an  alternate  cooling  method  for  the  low-thrust  engines. 

The  remaining  systems  (D  through  M)  illustrate  possible  variations  of  the 
multiengine  propulsion  systems.  By  increasing  the  number  of  engines  at 
either  the  high-  or  low-thrust  level,  the  required  throttling  ratio  for 
the  individual  engines  is  reduced. 

All  systems  selected  for  comparison  are  pump  fed.  Each  thrust  chamber  is 
provided  with  an  individual  turbopump  set. 

In  establishing  these  candidate  propulsion  system  configuration  for  com¬ 
parison  consideration  was  given  to  preBBure-fed  systems.  The  primary  ad¬ 
vantage  of  the  pressure-fed  system  for  this  application  is  in  connection 
with  the  regenerative-cooling  requirements.  It  was  Bhown  that  greater 
throttling  depth  could  be  achieved  with  a  regenerative-cooling  system  if 
the  cooling  jacket  pressure  could  be  maintained  at  or  near  a  constant 
value  over  the  throttling  range.  For  a  pimp-fed  system,  thiB  places  rather 
severe  operational  requirements  on  the  turbomachinery  and  results  in  a 
system  performance  penalty  at  the  throttled  operating  conditions.  The 
pressure-fed  systems  permit  the  use  of  a  throttling  valve  downstream  of 
the  coolant  jacket,  thereby  maintaining  a  high  coolant  jacket  pressure 
without  a  performance  degradation. 

A  comparison  of  pump-  vs  pressure-fed  systems  for  an  LF2/H0  maneuvering 
satellite  system  was  presented  in  Ref.  3  fox'  single  and  multiengine  sys¬ 
tems.  It  was  shown  that  the  increased  tank  pressure  requirements  resulted 
in  a  severe  stage  weight  penalty  and  the  lower  operating  chamber  pressures, 
typical  of  the  pressure-fed  systems,  caused  a  significant  reduction  in 
engine  performance  when  compared  with  punp-fed  systems.  The  final  com¬ 
parison  presented  in  Ref.  3  indicated  an  approximate  A  V  advantage  of 
3000  ft/sec  for  the  20, 000-pound  gross  yeight  pump-fed  systems.  It  is 
expected  that  a  similar  but  possibly  less-pronounced  result  would  be  ob¬ 
tained  for  the  N2O4/N2H4-UDMH  (50-50)  propellants.  Other  system  char¬ 
acteristics  not  illustrated  in  this  comparison  are  significant  in  the  feed 
system  selection.  The  low  operating  chamber  pressures  require  large  engine 
dimensions  to  achieve  the  specified  thrust  levels.  This  requirement  re¬ 
sults  in  increased  engine  weights  and  propulsion  system  envelope  require¬ 
ments  exceeding  the  10-foot-diameter  limit  established  by  the  bolster 
vehicle  diameter.  Also,  the  low  design  chamber  pressures  will  probably 
result  in  a  limitation  on  the  depth  of  throttling  than  can  be  achieved 
because  of  stability  problems  at  the  very  low  operating  chamber  pressures. 
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b.  Propulsion  System  Criteria 


O 


(U)  The  candidate  propulsion  sytem  configurations  selected  for  a  comparative 
evaluation  were  presented  in  Table  XXII.  Selection  criteria  were  estab¬ 
lished  and  are  shown  in  Table  XXIII.  The  relative  importance  of  each  item 
is  also  shown.  These  criteria  are  largely  based  upon  criteria  established 
for  the  selection  analysis  presented  in  Ref.  3. 


TABLE  XXIII 

ENGINE  SELECTION  CRITERIA 

Percent 


Performance 
6  V  Capability 


Operational  .suitability 

Throttling  (15) 

Depth 

Regenerative  Cooling  Limits 

Firing  Time  Limitation  (5) 

Engine  Length  (5) 

Transient  Losses  (5) 

Number  of  Throttling  Control 

Operations  (10) 


Complexity  and  Reliability 
Number  of  Major  Components 


45 

40 


15 


(l)  (U)  Rating  Method.  The  selection  criteria  were  chosen  to  provide  a 

relative  comparison  of  the  most  important  characteristics  of  the  candi¬ 
date  systems.  It  was  established  that  performance  was  the  most  import¬ 
ant  criterion  for  the  MSPS  vehicle:  therefore,  the  performance  was  given 
major  emphasis  in  the  comparison.  System  operating  characteristics  other 
than  performance  that  differed  among  the  candidate  systems  were  compared 
on  the  basis  of  the  items  listed  under  operational  suitability.  Complexity, 
reliability,  and  development  considerations  are  all  compared  on  the  basis 
of  the  number  of  major  components  contained  in  the  system  and  the  number 
of  different  components  to  be  developed. 

(U)  Each  item  was  given  a  weighting  which  reflected  its  importance  to  overall 
propulsion  system  selection.  The  actual  rating  number  was  obtained  by 
assigning  the  maximum  value  achievable  to  the  most  desirable  system  for 
the  particular  criterion  being  considered.  The  least-desirable  system 
then  received  exactly  one-half  the  maximum  value.  Intermediate  systems 
received  their  rating  based  upon  a  linear  interpolation  between  the  two 
end  points. 
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(c)  The  propulsion  system  performance  comparison  was  based  upon  the  system 
A  V  capability  at  the  full-thrust  operating  condition  of  the  candidate 
propulsion  systems.  All  of  the  systems  considered  in  this  comparison  are 
pump  fed,  and  the  individual  thrust  chambers  would  be  expected  to  optimize 
at  approximately  the  same  chamber  pressure  and  area  ratio.  The  optional 
thrust  chamber-cooling  methods  considered  for  the  smaller  thrust  chambers 
may  result  in  small  variations  in  the  optimum  design  parameters.  However, 
for  this  preliminary  comparision,  all  of  the  individual  thrust  chambers 
were  assumed  to  have  the  same  design  values  of  chamber  pressure  and  area 
ratio.  Values  of  650  psia  and  100:1  for  the  chamber  pressure  and  area 
ratio,  respectively,  were  selected  based  upon  the  results  of  previous 
optimization  studies  and  the  regenerative-cooling  studies.  After  the  sys¬ 
tem  configuration  selection  had  been  made,  an  optimization  analysis  was 
conducted  to  determine  the  maximum  performance  design  parameters  for  the 
selected  system.  An  optimization  for  each  candidate  system  would  involve 
a  much  more  extensive  effort  and  is  unwarranted  for  this  preliminary 
comparison. 

(U)  Jince  all  of  the  individual  thrust  chambers  of  the  candidate  propulsion 
systems  have  the  same  design  chamber  pressure  and  area  ratio,  the  full- 
thrust  specific  impulse  will  be  approximately  the  same  for  all  systems. 

This  assumption  neglects  the  relatively  minor  variations  in  nozzle  drag, 
kinetic  performance,  and  turbopump  energy  requirements  within  the  range 
of  design  thrust  levels  required  for  these  propulsion  system  configurations. 

(u)  The  system  performance  or  A  V  comparison  then  reflects  only  the  difference 
in  engine  weights  for  each  candidate  system.  Parametric  engine  weight 
data  were  generated  for  a  range  of  design  thrust  levels  typical  of  those 
required  in  the  various  propulsion  system  assemblies.  These  weight  estimates 
were  made  based  upon  a  computerized  analysis  that  provides  a  component-by¬ 
component  weight  evaluation  of  the  thrust  chamber  and  accessories.  The 
analytical  methods  used  in  determining  the  component  weights  are  derived 
from  a  large  range  of  design  and  manufacturing  experience.  Ablative  chamber 
weights  were  based  upon  a  2.0-inch  ablative  material  thickness. 

(C)  The  full-thrust  A  V  capability  was  obtained  for  a  constant  system  gross 
weight  of  20,000  pounds  and  a  payload  of  2000  pounds.  Composite  engine 
system  weights  varied  by  as  much  as  135  pounds,  which  resulted  in  a  vari¬ 
ation  in  the  system  AV  capability  of  approximately  300  ft/sec.  The  can¬ 
didate  systems  were  then  rated  on  a  relative  basis  by  assigning  the  highest 
AV  system  the  maximum  rating  points  (45)  and  the  lowest  AV  system  22.5 
rating  points.  Intermediate  systems  were  rated  on  the  basis  of  a  linear 
interpolation.  The  individual  system  performance  ratings  are  shown  in 
Table  XXIV. 

(c)  The  items  listed  under  operational  suitability  were  evaluated  individually 
according  to  the  distribution  shown  in  Table  XIV.  A  criterion  was  estab¬ 
lished  to  indicate  the  relative  ease  in  obtaining  the  required  throttling 
depth  for  each  system.  This  included  the  depth  of  throttling  required  for 
the  main  engine  or  engines  and  for  the  secondary  engines.  The  single¬ 
engine  configuration  would  have  to  accomplish  the  entire  overall  throttling 
requirement  and  therefore  was  assigned  the  minimum  rating  for  the  main 
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TABLE  XXIV 


ENGINE  SELECTION  EVALUATION 


A.  Single  Bell 
(Ablative) 

B.  4  Bell 

(Regenerative  ) 

C.  Bell/2  Bell 
(Regenerative) 

D.  Bell/4  Bell 

(Regenerative) 

E.  2  Bell/2  Bell 
(Regenerative) 

F.  2  Bell/4  Bell 
(Regenerative) 

G.  1  Bell/3  Bell 
(Regenerative) 

Performance 

(45) 

at  Pall  Thrust 

32.5 

40 

45 

31 

40 

29 

37.5 

Operational  Suitability 

(40) 

Throttling 

Main  Engine 

5 

Secondary  Engine 

5 

2.5 

4.5 

9.0 

10.0 

10.0 

10.0 

10.0 

Regenerative-Cooling 

Limitation 

5 

5.0 

2.5 

2.5 

5.0 

5-0 

5.0 

2.5 

Firing  Time  Limitations 

5 

2.5 

5 

5 

5 

5 

5 

5 

Engine  Length 

5 

5.0 

2.5 

4.5 

4.5 

3.5 

3.5 

4.5 

Transient  Losses 

5 

5.0 

3.3 

3.7 

3.0 

3.3 

2.5 

3.3 

I 

i 

Number  of  Throttling 

i 

Control  Operations 

10 

10.0 

8.0 

8.5 

7.0 

7.0 

5.0 

7.5 

l 

i 

Complexity  and 

1 

Reliability 

(15) 

Number  of  Major 

Components 

15 

10.5 

12 

9.0 

10.5 

7.5 

10.5 

1 

Total j 

77.5 

76.3 

90.2 

74.5 

84.3 

67.5 

80.8 

n 

4 

;  | 

Relative  Rank: 

7 

8 

1 

9 

3 

11 

4 

1 

1 

XIV 

)N  EVALUATION 
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E.  2  Bell/2  Bell 
(Regenerative) 

F.  2  Bell/4  Bell 
(Regenerative) 

G.  1  Bell/3  Bell 
(Regenerative) 

H.  4  Bell 

(Ablative) 

I.  1  Bell/2  Bell 

(Regenerative/Ablative) 

J.  1  Bell/4  Bell 

(Regenerative/Ablative) 

K.  2  Bell/2  Bell 

(Regenerative/Ablative) 

L.  2  Bell/4  Bell 

(Regenerative/Ablative) 

M.  1  Bell/3  Bell 

(Recenerative/Ablative) 

) - 

i 

L 

40 

29 

37.5 

28.5 

41.5 

27 

36.0 

22.5 

35  , 

r 

j).0 

. 

10.0 

10.0 

10.0 

4.5 

9.0 

10.0 

10.0 

10.0 

10.0 

i.O 

5.0 

5.0 

2.5 

5.0 

5.0 

5.0 

5-0 

5.0 

5.0 

i 

5 

5 

5 

2.5 

2.5 

2.5 

2.5 

2.5 

to 

• 

1.5 

3.5 

3.5 

4.5 

2.5 

4.5 

4.5 

3.5 

3.5 

4.5 

1.0 

3.3 

2.5 

3.3 

3.3 

3.7 

3-0 

3.3 

2.5 

3.J 

.0 

7.0 

5.0 

7.5 

8.0 

8.5 

7-0 

7.0 

5.0 

7  .i 

.0 

10.5 

7-5 

10.5 

10.5 

12 

9.0 

10.5 

7.5 

10.$ 

.5 

84.3 

67.5 

80.8 

64.8 

86.7 

68.0 

77.8 

58.5 

78.4 

3 

11 

4 

12 

2 

10 

6 

13 

5  ( 
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engines.  The  four  bell  nozzle  engine  systems  required  the  next  greatest 
throttling  depths  and  were  rated  accordingly.  The  remaining  systems  con¬ 
sist  of  main  engines  with  a  6:1  throttling  capability,  and  the  remainder 
of  the  throttling  requirement  is  accomplished  with  the  smaller-secondary 
engines.  Therefore,  the  throttling  depth  rating  for  the  main  engines  are 
rated  according  to  their  throttling  depth  requirement.  Those  secondary 
engines  with  throttling  depths  of  3:1  or  less  received  the  maximum  rating 
points. 

(u)  The  regenerative-cooling  restrictions  are  the  major  limitation  on  throt¬ 
tling  capability.  Certain  systems  will  require  system  compromises  (in¬ 
creased  pump  discharge  pressures,  film  cooling,  etc.)  to  achieve  the  required 
throttling  depths  and  provide  adequate  cooling  capabilities  over  the  operat¬ 
ing  thrust  range.  The  use  of  ablatively  cooled  thrust  chambers  for  the 
secondary  engines  eliminates  this  problem.  The  systems  in  which  the  nominal 
regenerative-cooling/throttling  capabilities  are  exceeded  received  the 
minimum  rating.  The  systems  not  requiring  some  system  compromise  received 
the  maximum  number  of  rating  points. 

(U)  The  f  iring-time  limitation  rating  reflects  the  fact  that  the  ablatively 

cooled  thrust  chambers  arc  limited  to  approximately  2000  seconds  of  firing 
duration.  With  some  duty  cycles,  it  is  possible  that  this  burn  duration 
would  be  exceeded.  In  the  multiengine  configurations,  alternate  engines 
could  be  used  to  increase  this  limiting  burn  duration.  However,  this 
results  in  added  complexity.  In  theory,  the  regeneratively  cooled  thruBt 
chambers  are  not  limited  in  firing  duration. 

(U)  Engine  length  ratings  were  obtained  by  assigning  the  maximum  of  5.0  points 
to  the  shortest  overall  engine  system  length  and  2.3  points  to  the  longest 
engine  system,  with  a  linear  interpolation  for  the  intermediate  systems. 

(u)  A  simplified  relative  accounting  of  the  transient  losses  experienced  by 

each  system  was  obtained  by  summing  the  number  of  engine  startup  and  shut¬ 
down  operations  required  in  traversing  the  required  system  throttling  depth. 
The  system  with  the  minimum  total  transients  losses  received  the  maximum 
rating. 

(u)  Because  of  the  possible  variations  in  the  mission  thrust  level  duty  cycle 
requirements,  the  throttling  control  comparison  was  made  by  counting  the 
number  of  control  operations  necessary  in  throttling  the  system  from  maxi¬ 
mum  to  minimum  thrust  (initial  start  and  final  shutdown  included).  A 
throttling  control  operation  is  defined  as  an  engine  start  or  shutdown  and 
each  separate  throttling  operation.  The  system  with  the  smallest  number 
of  control  operations  received  the  highest  rating. 

(U)  System  complexity,  reliability,  aid  development  ease  were  rated  solely  on 
the  basis  of  the  number  of  major  components  contained  within  a  candidate 
propulsion  system.  For  the  purpose  of  this  comparison,  major  components 
were  assumed  to  be  individual  thrust  chambers ,  turbopump  sets ,  and  the 
number  of  engine  control  sets.  The  system  containing  the  smallest  number 
of  major  components  received  the  maximun  rating  (l3  points),  while  the 
system  with  the  largest  number  received  7.5  points. 
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The  evaluation  and  rating  summary  is  shown  in  Table  XXIV.  The  overall 
system  comparison  was  obtained  by  summing  the  rating  points  assigned  to 
each  of  the  13  systems.  The  relative  standing  is  indicated  by  the  num¬ 
ber  immediately  below  the  total  rating  points. 

Based  upon  tbis  comparison,  system  C,  consisting  of  a  single  primary  engine 
and  two  secondary  engines,  was  selected  for  the  optimization  analysis  and 
further  evaluation.  All  three  thrust  chambers  are  regeneratively  cooled 
and  pump  fed.  The  second  highest  ranking  system  was  this  same  configura¬ 
tion,  but  with  ablatively  cooled  secondary  engines.  The  third  ranking 
system  consists  of  two  primary  and  two  secondary  engines.  Thus,  it  can 
be  seen  that  there  are  significant  advantages  to  the  multiengine  systems 
using  primary  and  secondary  thrust  chambers. 


Engine  System  Optimization 

An  optimization  analysis  was  conducted  for  the  selected  NgO^/^H^-UDMH 
(50-50)  engine  systems  to  define  the  maximum  performance  design  parameters 
for  each  engine  utilized  in  the  multiengine  propulsion  systems.  System 
thrust  levels  of  30,000,  50,000,  and  75>000  pounds  were  investigated  to 
correspond  with  the  range  of  selected  MSPS  gross  weights  of  primary  inter¬ 
est  to  this  study.  Each  system  consists  of  three  bell  nozzle  engines, 
one  primary  engine  flanked  by  two  secondary  engines  of  lower  thrust. 

Design  thrust  levels  of  individual  thrust  chambers  and  the  required  throt¬ 
tling  ratios  are  shown  below. 


System 

Thrust* 

Primary  Engine 

Secondary  Engines 

Thrust 

Throttling  Ratio 

Thrust 

Throttling  Ratio 

30 

25.7 

6:1 

2.15 

5:1 

50 

42.8 

6:1 

3.6 

5-9:1 

75 

64.3 

6:1 

5.35 

6.4:1 

*Thrust  levels  are  expressed  in  thousands  of  pounds  force 

Each  engine  is  pump  fed  and  the  thrust  chambers  are  regeneratively  cooled. 

Optimizations  were  conducted  for  each  of  the  primary  engines  and  for  the 
5350-pound-thrust  secondary  engine.  Since  there  is  a  small  difference 
in  the  thrust  levels  of  the  secondary'  engines,  an  optimization  of  each 
of  these  engines  is  unnecessary.  Past  experience  indicates  that  this 
variation  in  design  thrust  would  have  an  insignificant  effect  upon  the 
selection  of  the  maximum  performance  design  parameters. 

The  optimizations  for  each  engine  were  conducted  for  continuous  operation 
at  both  full  and  minimum  thrust. 
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(1)  (U)  Engine  Performance.  Perforaancc  estimates  for  the  NoO^/NoII^-UDMH 
(50-30)  engines  were  based  upon  the  equilibrium  propellant  performance 
model.  An  engine  mixture  ratio  of  1.6:1  was  selected  based  upon  the 
results  of  the  regenerative-cooling  studies  and  mixture  ratio  optimiza¬ 
tion  analyses  such  as  that  presented  in  lief.  6.  Kinetic  efficiencies 
were  calculated  for  the  large  engines  at  the  full-thrust  and  throttled 
operating  conditions  using  a  one -dimensional  analysis  assuming  a  diver¬ 
gence  half-angle  of  34  degrees.  This  angle  approximates  a  bell  nozzle 
contour  just  downstream  of  the  throat  in  a  region  where  the  chemical 
reactions  arc  expected  to  freeze.  A  similar  analysis  was  performed  on 
the  small  engine,  but  a  divergence  angle  of  15  degrees  was  used,  approxi¬ 
mating  a  bell  nozzle  with  a  control led-expansion  throat  region. 

(U)  Nozzle  divergence  losses  and  viscous  drag  losses  were  obtained  from  param¬ 
etric  data  presented  in  lief.  6.  Some  additional  analysis  was  conducted 
to  obtain  drag-loss  data  for  the  required  range  of  operating  thrust  levels. 

(U)  Combustion  efficiencies  (c*,  shifting)  of  99  percent  at  full  thrust  and 
98  percent  at  minimum  thrust  were  assumed  for  the  performance  analysis. 

% 

(U)  Each  engine  uses  two  propellant  pumps  powered  by  a  single  turbine.  The 
turbines  are  driven  by  gases  tapped  from  the  combustion  chamber.  Tapoff 
gas  properties,  turbine  and  pump  efficiencies,  and  system  operating  char¬ 
acteristics  arc  presented  in  Table  XXV.  Pump  discharge  pressures  were 
estimated  based  upon  the  methods  used  for  the  LFolIo  and  LOg/Ho  systems. 

(U)  An  engine  balance  analysis  was  conducted  for  each  engine  to  provide  para¬ 
metric  engine  specific  impulse  information  to  be  used  in  the  optimization. 

(2)  (U)  System  Weights.  Parametric  engine  weight  information  was  generated 
for  each  engine  thrust  level.  These  weights  were  obtained  with  the  aid 
of  a  computer  program  which  estimates  the  weights  of  individual  engine 
components  as  a  function  of  operating  characteristics.  Nozzle  weights 
and  performance  were  based  upon  80-percent-length  contours. 

(U)  Stage  inert  weights,  including  main  propellant  tanks,  pressurization  sys¬ 
tem,  structure,  and  attitude  control  system,  were  obtained  from  the  studies 
conducted  for  the  alternate  mission  vehicles  reported  in  Ref.  2. 

(c)  Engine  Optimization  Results.  Optimizations  for  the  25,7500-,  42,800-, 
and  64,300-pound-thrust  engine  s  were  conducted  with  constant  gross  weights 
of  20,000,  33 , 300 ,  and  50,000  pounds,  respectively.  The  relative 
capabilities  vs  chamber  pressure  for  each  of  these  systems  are  shown  in 
Fig.  50  through  55.  The  5350-pound-thrust  engine  optimization  used  a 
constant  stage  gross  weight  of  50,000  pounds.  The  full-thrust  and  throt¬ 
tled  optimization  results  are  shown  in  Fig.  56  and  57. 
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TABLE  XXV 

N2°4^2H4"DWE  ( 50-50 )  BELL  NOZZLE  ENGINES 
SYSTEM  OPEBATING  CHARACTERISTICS 


Full  Thrust 

Throttled 

Engine  Mixture  Ratio 

1.6 

1.6 

Combustion  Efficiency 

0.99 

0.98 

Tapoff  System  Mixture  Ratio 

0.1 

0.1 

Tapoff  Gas  Temperature,  R 

2060 

2060 

Tapoff  Gas,  y 

1.281 

Tapoff  Gas,  C 

P 

0.686 

Oxidizer  Pump  Efficiency 

0.65 

0.6 

Kill  Pump  Efficiency 

0.65 

0.6 

Turbine  Efficiency 

0.41 

0.112 

c 
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- Area  Ratio 

—  Constant  Diameter  Lint*  (in.) 


200  400  600  800  1000 
Chamber  Pressure 

Figure  50.  Chamber  Pressure  -  Expansion  Area  Ratio  Optimization 
for  N2°4/n2h4-UI*5H  (50-50)  25,700-Pound  Thrust  Bell 

Engine  at  Full  Thrust 
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Figure  51 
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Chamber  Pressure  -  Expansion  Area  Ratio  Optimization 
for  N204/R2H4-UDMH  (50-50),  42,900-Pound  Thrust  Bell 

Engine  at  Full  Thrust 
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200  400  600  800  1000 
Chamber  Pressure 


Figure  52.  Chamber  Pressure  -  Expansion  Area  Ratio  Optimization 
for  ^Ojj/Ngfy-UDMH  (50-50)  64,300 -Pound  Thrust  Bell 
Engine  at  Full  Thrust 
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figure  54 . 
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Chamber  Pressure-Expansion  Area  Ratio  Optimization 
for  N20^A2H^  -  UDMH  (50-50)  U2,900-Pound  Thrust 

Bell  Engine.  Throttled  6:1 
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Figure  55-  Chamber  Pressure-Expansion  Area  Ratio  Optimisation 
for  -  UDMH  (50-50)  6i*,300-Pound  Thrust 

Bell  Engine.  Throttled  6:1 
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Figure  56.  Chamber  Pressure-Expansion  Area  Hatio  Optimization 
for  -  UDMH  ($0-£0)  370-Pound  Thrust 

Bell  Engine  at  Full  Thrust 
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Chamber  Pressure,  psia 

Figure  57.  Chamber  Pressure-Expansion  Area  Ratio  Optimization 
for  -  UDMH  (50-50)  5,370-Found  Thrust 

Bell  Engine.  Throttled  6s  1 
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(c)  Over  the  range  of  parameters  investigated,  the  optimization  results  indi¬ 
cated  that  maximum  system  performance  is  attained  with  a  full-thrust  design 
chamber  pressure  of  approximately  1000  psia  and  a  nozzle  area  ratio  of  200. 

(4)  (u)  Operating  Parameter  Selection.  Selection  of  operating  and  design 

parameters  for  each  engine  wbb  based  upon  results  of  the  optimization 
analysis  combined  with  physical  limitations  imposed  by  envelope  restric¬ 
tions  and  engine  grouping.  A  maximum  propulsion  system  diameter  of  10 
feet  was  assumed  throughout  this  study  based  upon  the  diameter  of  the  Titan 
launch  vehicle.  To  provide  clearance  for  stage  structure  and  engine  gim- 
baling,  the  sum  of  the  individual  diameters  of  the  three  engines  was  limited 
to  9.0  feet.  Lines  of  constant  engine  exit  diameter  are  indicated  on  the 
optimization  curves  of  Fig.  50  through  57  to  aid  in  selecting  the  maximum 
performance  design  parameters  within  the  diameter  limitation. 

(U)  The  relative  length  of  the  primary  and  secondary  engine  is  an  additional 
consideration  that  will  influence  selection  of  design  parameters.  It  is 
important  that  exits  of  each  engine  be  in  the  same  plane  to  avoid  impinge¬ 
ment  of  the  exhaust  gases  on  the  adjacent  engine.  If  the  primary  and  sec¬ 
ondary  engine  are  of  greatly  different  lengths,  a  very  long  and  heavy  thrust 
structure  must  be  designed  to  mount  the  secondary  engine  to  the  stage 
structure.  Since  these  engines  must  be  gimballed,  the  design  of  the  thrust 
structure  becomes  increasingly  more  complex.  This  is  a  difficult  factor 
to  include  in  a  parametric  optimization  analysis  because  detailed  design 
studies  are  required  to  determine  the  thrust  structure  weight  involved. 
However,  results  of  the  present  optimization  analysis  provide  a  means  of 
selecting  design  parameters  that  result  in  near-equal  primary  and  secondary 
engine  lengths  with  a  minimum  loss  in  overall  mission  performance. 

(U)  If  the  engines  are  maintained  nearly  equal  in  length,  the  thrust  structure 

and  gimbaling  system  design  is  greatly  simplified.  Engine  length  is  approxi¬ 
mately  inversely  proportional  to  the  square  root  of  chamber  pressure  and 
directly  proportional  to  the  square  foot  of  expansion  ^ area  ratio.  There¬ 
fore,  by  selecting  high  chamber  pressures  and  low  expansion  area  ratios 
for  the  primary  engines  and  the  reverse  for  the  secondary  engines,  the 
respective  engine  lengths  can  be  adjusted  to  be  nearly  equal.  An  area 
ratio  of  200  was  considered  to  be  a  maximum  from  design  considerations. 

(u)  With  these  physical  limitations,  the  results  of  the  optimization  analysis 
were  reviewed  and  the  engine  design  parameters  were  selected  for  each  sys¬ 
tem.  A  summary  of  the  selected  parameters  is  presented  in  Table  XXVI  along 
with  the  percentage  of  &  V  that  could  be  obtained  with  the  optimum  design 
parameters.  The  maximum  loss  resulting  from  the  physical  limitations  is 
seen  to  be  2.4  percent.  These  losses  would  be  reduced  and  perhaps  even 
negated  by  the  inclusion  of  thrust  structure  weight  variations  with  engine 
length  difference. 


5.  PROPULSION  SYSTEM  COMPARISON 

(U)  In  this  analysis,  the  results  of  the  launch  vehicle  payload  capability 

analysis  and  the  engine  configuration  selection  and  optimization  analysis 
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arc  combined.  The  purpose  is  to  provide  a  comparison  of  the  stage  con¬ 
figuration,  engine  performance,  and  mission  performance  capabilities  of 
the  MSPS  using  the  three  propellant  combinations  considered  in  this  study 
(LFg/LHg,  LOgM,,  and  N^/N^-UDMH  (50-50). 

(C)  Previous  system  comparison  studies  presented  in  Ref.  3  were  for  a  20,000- 
pound  gross  weight  MSPS.  Based  upon  the  results  of  the  launch  vehicle 
studies  presented  in  Section  III  of  this  report,  a  gross  weight  of  36,000 
pounds  was  selected  for  this  comparison.  This  is  not  to  be  considered  a 
recommended  MSPS  gross  weight  but  merely  a  typical  increased  gross  weight 
version.  A  gross  weight  of  36,000  pounds  was  shown  to  provide  near-maximum 
mission  performance  for  the  2000-pound  payload  LF2/LH2  MSPS  used  in  con¬ 
junction  with  any  of  the  candidate  launch  vehicles. 

(C)  A  maximum  thrust  level  of  50,000  pounds  was  also  selected  for  this  gross 
weight.  For  most  launch  vehicle  applications,  suborbital  firing  of  the 
MSPS  is  required  for  a  36,000-pound  gross  weight.  This  results  in  an 
initial  thrust-to-weight  ratio  in  orbit  of  approximately  1.5. 

(c)  A  design  thrust  level  of  50,000  pounds  was  also  investigated  in  the  op¬ 
timization  analysis  for  each  of  the  selected  propulsion  systems.  Therefore, 
the  results  of  the  optimization  analysis  are  directly  applicable  to  this 
comparison  to  provide  the  maximum  performance  design  parameters  for  each 
propulsion  system. 

(U)  A  more  .complete  system  definition  was  then  established  for  each  propellant 
combination  based  upon  the  sel acted  MSPS  gross  weight,  design  thrust  level, 
propulsion  system  configuration,  and  operating  parameters.  A  detailed 
engine  system  balance  was  conducted  for  each  engine  to  define  the  specific 
impulse  over  the  throttling  range  and  other  system  operating  characteristics. 
Stage  inert  weight  and  engine  weight  calculations  were  made  based  upon 
parametric  data  generated  for  the  optimization  analysis.  Inboard  profile 
drawings  were  completed  for  each  system  to  illustrate  relative  size  and 
component  arrangement. 

(C)  System  weights  and  engine  performance  were  then  used  to  determine  mission 
performance  capability  of  the  three  systems.  The  AV  capabilities  were 
calculated  for  continuous  operation  at  full  thrust,  at  minimun  thrust, 
and  for  a  series  of  nonevasive  target  satellite  intercept  maneuvers.  A 
computer  model  of  the  intercept  maneuvers  was  developed  and  described  in 
detail  in  Ref.  3.  This  model  performs  a  simulated  intercept  mission  by 
commanding  the  engine  operations  in  the  same  manner  as  would  be  performed 
in  an  actual  mission.  The  program  monitors  propellant  expenditures  dur¬ 
ing  the  maneuvers  and  records  the  velocity  increments  accumulated  during 
each  mission  phase.  The  nonevasive  intercept  maneuver  is  typical  of  inter¬ 
cept  maneuvers  with  a  5-degree  plane  change  maneuver  between  each  inter¬ 
cept.  The  £  V  capability  at  full-thruBt  and  throttled  operated  conditions 
provides  the  maximum  and  minimum  system  capabilities.  The  maximum  and 
minimun  thrust  £  V  capabilities  were  calculated  with  the  two  extreme  vari¬ 
ations  in  the  accounting  of  the  ACS  propellants.  In  one  case,  the  ACS 
propellants  were  subtracted  from  both  the  gross  weight  and  the  burnout 
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weight  which  corresponds  to  the  situation  where  all  of  the  ACS  propellants 
are  used  prior  to  the  propulsive  maneuver.  The  alternate  method  was  to 
include  the  ACS  propellant  weight  in  the  burnout  weight  which  infers  that 
the  ACS  propellants  are  used  after  the  main  propulsion  maneuvers.  These 
two  methods  bracket  the  probable  actual  ACS  use  schedule. 

a.  MSPS  Description  j 

(i)  (c)  LF2/LH2  Systems.  The  LF2/LH2  MSPS  consists  of  a  concentric  aerospikp/ 

bell  fTS'ZZTe^prf) pUTSTon  system.  The  aerodynamic  spike  engine  provides  a 
maximum  thrust  of  50,000  pounds  and  is  continuously  throttleable  to  5000 
pounds.  The  bell  engine  which  is  mounted  in  the  center  of  the  aerodynamic 
spike  engine  provides  a  maximum  thrust  of  5000  pounds.  The  engines  are 
fired  sequentially  and,  when  throttled  to  their  lower  limit,  provide  an 
overall  thrust  variation  of  100:1.  both  engines  ore  pump  fed  and  regen- 
eratively  cooled.  The  engine  component  design  and  operational  features 
are  identical  with  the  selected  LF2/LII2  system  described  in  Ref.  4.  The 
engine  operating  characteristics  are  summarized  in  Table  XXVII.  The  del¬ 
ivered  specific  impulse  vs  operating  thrust  level  is  shown  in  Fig.  58. 

(C)  An  inboard  profile  drawing  of  the  36,000-pound  LF2/LH2  MSPS  is  shown  in 
Fig.  59.  The  stage  design  is  consistent  with  the  original  20 ,000-pound 
system.  The  propellant  tanks  arc  enclosed  within  the  shell  structure, 
constructed  of  corrugated  aluminum  sheet  retained  in  a  circular  shape  by 
aluminum  frames.  The  LF2  tank  is  spherical  and  the  LII2  tank  has  hemispherical 
ends  with  a  short  cylindrical  section.  To  maintain  the  10-foot  stage  diameter 
limit  with  the  increased  propellant  weight,  it  was  necessary  to  incorporate 
the  cylindrical  section  in  the  UI2  tank.  The  propellant-orientation  device, 
consisting  of  a  fine  mesh  screen,  is  included  in  each  tank.  Both  propellant 
tanks  are  supported  with  tubular  fiberglass  heat  blocks  which  attach  to  the 
shell  structure.  The  pressurization  system  for  the  main  propellant  tanks 
consists  of  two  separate  systems.  The  prepressurization  system  consists 
of  a  tridyne  heat  source  which  uses  a  nonf lamnable  mixture  of  Ho,  O2,  and 
He  gases  from  a  high-pressure  storage*  bottle.  The  mixture  flows  through  a 
catalytic  reactor  which  provides  high-temperature  gases  for  fluorine  tank 
prepressurization.  Prior  to  being  used  os  pressuront  gases,  these  hot  gases 
are  run  through  a  heat  exchanger  to  heat  the  helium  gases  used  for  hydrogen 
tank  prepressurization.  This  helium  is  stored  in  the  hydrogen  tank  at 
liquid  hydrogen  temperatures. 

(c)  The  main  expulsion  pressurization  system  consists  of  helium  taken  from  the 
cryogenic  storage  and  ducted  through  heat  exchangers  in  the  engine.  This 
heated  helium  pressurizes  the  fluorine  tank  during  the  engine  firing.  The 
hydrogen  tank  is  pressurized  by  bleeding  warm  hydrogen  gas  from  the  engine 
injector  manifold. 

(ll)  The  propellant  tanks  and  lines  are  covered  with  an  NRC-2-type  superinsulation. 

(C)  The  ACS  consists  of  16  thrusters  mounted  in  groups  of  4  on  the  exterior  of 
the  vehicle  shell  at  a  station  near  the  vehicle  center  of  gravity.  A  helium 
pressurization  bottle,  isolation  valve,  filter,  control  valve,  and  pressure 
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TABLE  XXVII 

50 , 000 -POUND-THRUST  LF^/lE^  >fiPS  ENGINE 
OPERATING  CHARACTERISTICS 


— 

Aerodynamic  Spike 

Bell 

Maximum 

Thrust 

Throttled 

Maximum 

Thrust 

Throttled 

Thrust,  pounds 

50,000 

5000 

5000 

500 

Chamber  Pressure,  psia 

700 

70 

625 

62.5 

Expansion  Area  Ratio 

100 

100 

200 

200 

Nozzle,  Percent  Length 

20 

20 

80 

80 

Engine  Mixture  Ratio 

13 

13 

13 

13 

Thrust  Chamber  Mixture  Ratio 

14.6 

13.3 

15.1 

13.1 

Total  Engine  Flowrate,  lb/sec 

107.1 

11.23 

10.90 

1.166 

Thrust  Chamber  Fuel  Flowrate, 
lb/sec 

6.7 

0.78 

0.66 

0.08 

Thrust  Chamber  Oxidizer  Flowrate, 
lb/sec 

98.3 

10.40 

9.98 

1.08 

Turbine  Weight  Flowrate,  percent 

0.0191 

0.0044 

0.0243 

0.0013 

Throttling  Ratio 

10:1 

10:1 

10:1 

10:1 

Fuel  Pump  Discharge  Pressure, 
psia 

1880 

186 

1360 

134 

Oxidizer  Pump  Discharge  Pressure, 
psia 

1280 

144 

1265 

127 

Turbine  Mixture  Ratio 

1.21 

1.21 

1.21 

1.21 

Turbine  Inlet  Temperature,  R 

I960 

I960 

I960 

I960 

C 
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100  10  JO  10,  XO  100, 000 

Thrust,  Pounds 

Figure  58.  50,000-Pound  -Thrust  LF2/LH2  MSPS  Engine  Performance 
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Figure  59. 
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LII2/LF2  MSPS,  36,000- 
Pound  uross  Weight, 
50,000-Pound  Thrust 
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regulator  provide  prcssurant  flow  to  the  propellant  tanks.  Those  tanks 
contain  the  Compound  A  oxidizer  and  the  MHF-5  fuel.  Each  tank  has  a 
screen  tension  propellant-orientation  device. 

(U)  A  summary  weight  breakdown  of  the  36,000-pound-thrust  LF2/LH2  MSPS  is 
presente,  in  Table  XXVIII.  The  ACS  propellant  weights  were  calculated 
on  the  basis  of  detailed  studies  presented  in  Itef.  4.  The  ACS  is  identical 
with  that  described  in  Hof.  4.  The  ACS  propellant  weight  requirements  were 
calculated  to  account  for  the  increase  in  stage  weight  and  size  and  also 
the  increased  £V  capability  of  the  system. 


TABLE  XXVIII 

LF  /LI^  MSPS  VEHICLE  WEIGHT  SUMMARY* 


Gross  Weight  36,000 

Payload  Weight  2,000 

ACS  Propellant  Weight  740 

Usable  Propellant  Weight  30,300 
Step  Burnout  Weight  3,700 

Propellant  Fraction  0.89 


*Weiglits  are  in  pounds 

(c)  The  mission  velocity  capabilities  for  the  36,000-pound-thrust  LF2/LH0 
MSPS  are  summarized  in  Table  XXIX  for  each  candidate  launch  vehicle  and 
for  MSPS  payloads  of  2000  and  5000  pounds.  The  difference  in  MSPS  £  V 
capabilities  for  the  various  launch  vehicle  occurs  because  of  the  sub¬ 
orbital  firing  £  V  requirements;  only  the  in  orbit  £  V  capabilities  are 
shown.  The  ^V  capabilities  ore  shown  for  continuous  operation  at  full 
and  minimum  thrust.  The  effect  of  the  use  of  the  ACS  propellants  is  also 
shown.  The  nonevasive  rendezvous  maneuver  capabilities  are  also  shown. 

(2)  (C)  LOg/LHg  System.  As  a  result  of  the  engine  configuration  section  and 

optimization  study,  the  concentric  aerodynamic  spike-bell  nozzle  engine 
system  was  also  selected  for  this  propellant  combination.  However,  slightly 
different  engine  design  parameters  were  recommended.  The  engine  design 
philosophy  and  operational  procedure  are  identical  with  the  LF2/LH9  system. 
The  50,000-pound-thrust  LO2/LH2  MSPS  engine  design  and  operating  cnarac- 
teristics  obtained  from  the  optimization  analysis  are  presented  in  Table 
XXX.  The  delivered  engine  specific  is  shown  in  Fig.  60  for  the  selected 
system.  The  performance  shown,  represents  that  achievable  for  an  engine 
of  this  thrust  level  with  relatively  deep  throttling  capability.  Change 
of  the  basic  requirements  such  as  thrust  level,  throttling  ratio,  etc. 
can  result  in  an  optimized  configuration  of  greater  delivered  performance. 
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TABLE  XXIX  I 

MISSION  PERFORMANCE  CAPABILITIES  FOR  1| 


2000-Pound  Payload 

AV-ft/sec 

Av 

F 

max 

F 

max 

F  . 
min 

F  . 
min 

Rendezvous  AV, 

F 

max 

F 

me 

(1) 

(2) 

(1) 

(2) 

No  Evasion 

(1) 

o 

Nominal  Titan  III-C 

25,600 

23,910 

23,515 

21,960 

23,640 

18,480 

17, i 

Titan  III  With 

Seven  Segments, 
120-Inch  Solids 

28,360 

26,590 

26,050 

24,430 

26,050 

21,260 

20, i 

Titan  III  With 

Three  Segments, 
156-Inch  Solids 

29,460 

27,690 

27,060 

25,430 

27,200 

22,360 

22,  c 

Nominal  Saturn 

Saturn  I-B 

28,360 

26,590 

26,050 

24,430 

26,050 

21,260 

20, £ 

Saturn  I-B  With 
Minuteman 

Strap-ons 

29,460 

27,690 

27,060 

25,430 

27,200 

22,360 

22,0 

*  Gross  weight  =  36,000  pounds;  payload  =  2000  and  5000  pounds 
ll)  ACS  propellant  used  before  rendezvous  maneuvers 
(2)  ACS  propellant  included  in  burnout  weight 


TABLE  XXIX 

MCE  CAPAB1XITIES  FOR  LFg/lflg  N6PS* 


5000-Pound  Payload 

AV-ft/sec 

vous  AV, 

F 

max 

F 

max 

F  . 
min 

F  . 
min 

Rendezvous  A  7 

vasion 

(1) 

(2) 

(1) 

(2) 

No  Evasion 

,640 

18,480 

17,550 

16,970 

16,120 

17,240 

,050 

21,260 

20,250 

19,530 

18,600 

19,770 

,200 

22,360 

22,040 

20,530 

20,240 

20,930 

,050 

21,260 

20,250 

19,530 

18,600 

19,770 

200 

22,360 

22,040 

20,530 

20,240 

20,930 

ids 
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TABLE  XXX 

50 ,  OOO-POUND-THRIBT  LOg/l fig  >6 PS  ENGINE 
OPERATING  CHARACT  ERIST ICS 


Aerodynamic  Spike 

Bell  | 

Maximum 

Thrust 

Throttled 

Maximum 

Thrust 

Throttled 

Thrust,  pounds 

50,000 

5000 

5000 

5000 

Chamber  Pressure,  psia 

800 

80 

625 

62.5 

Expansion  Area  Ratio 

100 

100 

200 

200 

Nozzle  Percent  Length 

20 

20 

80 

80 

Engine  Mixture  Ratio 

6 

6 

6 

6 

Thrust  Chamber  Mixture  Ratio 

6.58 

6.12 

6.80 

6.16 

Total  Engine  Flowrate,  lb/sec 

112.6 

11.67 

11.43 

1.10 

Thrust  Chamber  Fuel  Flowrate, 
lb/sec 

14.4 

1.63 

1.40 

0.153 

Thrust  Chamber  Oxidizer  Flowrate, 
lb/sec 

94.5 

9.96 

9.54 

0.941 

Turbine  Weight  Flowrate,  percent 

0.0332 

0.0071 

0.0447 

0.0097 

Throttling  Ratio 

10 

10 

10 

10 

Fuel  Pump  Discharge  Pressure, 
psia 

1750 

172 

1325 

131 

Oxidizer  Pump  Discharge  Pressure, 
psia 

1450 

152 

1265 

127 

Turbine  Mixture  Ratio 

1.12 

1.12 

1.12 

1.12 

Turbine  Inlet  Temperature,  R 

I960 

I960 

I960 

I960 
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(c)  The  vehicle  stage  design  concept  is  identical  with  the  LF2/LH2  system, 
with  the  exception  of  the  propellant  tank  volumes  and  overall  stage 
length.  An  inboard  profile  drawing  of  the  selected  36, 000-pound- thrust 
LO2/LH2  MSPS  with  a  2000-pound  payload  is  shown  in  Fig.  61.  A  much  longer 
cylindrical  section  was  required  in  the  LH2  tank  because  of  the  lower  mix¬ 
ture  ratio  and  greatly  increased  LH2  weight.  The  stage  structure,  materials 
pressurization  system,  and  ACS  are  identical  with  the  LFq/LRj  MSPS.  The 
ACS  propellant  weights  for  the  LO2/LH2  system  were  calculated  to  account 
for  the  difference  in  stage  size.  A  stage  weight  summary  is  presented  in 
Table  XXXI. 

(C)  The  mission  velocity  capabilities  are  shown  in  Table  XXXII  for  the  2000- 

and  3000-pound-payload  LO2/LH2  MSPS  used  in  conjunction  with  each  candidate 
launch  vehicles.  Only  the  in-orbit  AV  capabilities  are  shown.  The  A\ 
expended  for  suborbital  firing  is  not  included.  In  general,  the  L02/L&> 
MSPS  achieves  approximately  15  to  18  percent  lesB  in-orbit  A  V  than  the 
equivalent  LF2/LH2  MCPS. 

(3)  (c)  NgO^/NgH^-UDMH  (50-50)  Systems.  The  selected  propulsion  system  for 

the  storable  MSPS  consists  of  a  42, 900-pound -thrust  primary  engine  and 
two  3570-pound-thrust  secondary  engines.  The  primary  engine  throttles 
6:1,  and  the  two  secondary  engines  each  throttle  5-9:1-  This  provides 
an  overall  throttling  ratio  of  85:1.  The  primary  engine  is  rigidly 
mounted.  The  secondary  engines  are  canted  6  degrees  to  the  vehicle  axis 
and  have  a  gimbal  capability  of  ±6.0  degrees  for  thrust  vector  control. 

The  engine  operating  characteristics  and  the  design  parameters  selected 
in  the  optimization  analysis  are  presented  in  Table  XXXIII  for  the  50,000- 
pound-thrust  system.  The  estimated  delivered  specific  impulse  over  the 
system  throttling  range  is  shown  in  Fig.  62.  These  performance  predictions 
include  combustion  efficiency,  nozzle  divergence  and  drag  losses,  chemi¬ 
cal  kinetic  reaction  losses,  and  turbine  power  requirements.  A  cant  angle 
correction  is  also  included  for  the  secondary  engines.  At  the  full-thrust 
or  50 ,000-pound- thrust  level,  all  engines  are  firing.  Overall  system 
throttling  is  then  accomplished  by  throttling  the  primary  engine  to  its 
minimum  thrust  level.  Further  throttling  is  achieved  by  throttling  the 
two  secondary  engines  to  their  minimum  thrust  level.  At  this  point,  the 
primary  engine  is  shut  down  and  the  two  secondary  engines  are  brought  up 
to  full  thrust.  Further  throttling  is  obtained  by  throttling  the  two 
secondary  engines  to  the  point  where  their  total  thrust  is  equal  to  the 
design  thrust  of  a  single  secondary  engine.  At  this  point,  one  of  the 
secondary  engines  is  shut  down  and  the  remaining  throttling  is  accomplished 
by  the  last  secondary  engine.  When  only  one  secondary  engine  is  firing, 
the  vehicle  assumes  a  canted  attitude  with  its  thrust  vector  through  the 
center  of  gravity,  and  the  cant  angle  correction  to  the  thrust  and  speci¬ 
fic  impulse  does  not  apply. 

(c)  An  inboard  profile  drawing  of  the  N2O4/N2H4-UDMH  (50-50)  MSPS  is  shown  in 
Fig.  63  for  a  gross  weight  of  36,000  pounds  and  a  payload  weight  of  2000 
pounds.  The  vehicle  design  concept  is  consistent  with  the  storable 
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TABLE  XXXI 

LOg/LHg  MSPS  WEIGHT  SUMMARY* 


I 


Gross  Weight 
Payload  Weight 
ACS  Propellant  Weight 
Usable  Propellant  Weight 
Step  Burnout  Weight 
Propellant  Fraction 


*Weights  are  in  pounds 


36,000 

2,000 

1,135 

28,834 

5,166 

0.85 


C 
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TABLE  XXXII 

MISSION  PEBFOBMANCE  CAPABILITIES  FOR  L02  | 


2000-Pound  Payload 

F 

max 

(1) 

F 

max 

(2) 

Fmin 

(1) 

F  . 

mxn 

(2) 

Rendezvous 

AV, 

No 

Evasion 

F 

max 

(1) 

Nominal  Titan  III-C 

20,760 

18,920 

19,660 

17,910 

19,160 

14,990 

Titan  III  With  Seven  Segments, 
120-Inch  Solids 

24,020 

22,050 

22,750 

20,880 

22,040 

18,250  , 

Titan  III  With  Three  Segments, 
156-Inch  Solids 

25,080 

23,080 

23,750 

21,850 

23,130 

18,250 

Nominal  Saturn  I-B 

24,240 

22,260 

22,950 

21,080 

22,040 

18,450 

Saturn  I-B  With  Minuteman 
Strap-ons 

25,080 

23,080 

23,750 

21.850 

23,130 

18,250 

*Gross  veight  <■  36,000  pounds;  payload  =  2000  and  5000  pounds  * 

(1)  ACS  Propellant  Used  Before  Rendezrous  Maneuvers 

(2)  ACS  Propellant  Included  in  Burnout  Weight 


TABLE  XXXII 

> 

B  CAPABILITIES  FOB  LOg/lHg  MBPS* 

» 


yload 

5000-Pound  Payload 

Rendezvous 

Av, 

No 

Evasion 

F 

max 

(1) 

Fm« 

(2) 

Fmin 

(1) 

Fmin 

(2) 

Rendezvout 

Av, 

No 

Evasion 

— 

19,160 

14,990 

13,910 

14,190 

13,170 

14,360 

22,040 

18,250 

17,050 

17,280 

16,140 

17,070 

23,130 

18,250 

18,080 

18,290 

17,120 

18,100 

22,040 

18,450 

17,260 

17,470 

16,340 

17,280 

23,130 

18,250 

18,080 

18,290 

17,120 

18,100 
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TABLE  XXXIII 

50 , OOO-POUND-THRUST  N^/N^-UDMH  (50-50)  EEPS 
ENGINE  OPERATING  CHARACTERISTICS 


Primary  Engine 

Secondary  Engine 

Maximum 

Thrust 

Throttled 

Maximum 

Thrust 

Throttled 

Thrust,  pounds 

42,900 

6890 

3570 

590 

Chamber  Pressure,  psia 

1000 

167 

500 

85 

Expansion  Area  Ratio 

50 

50 

200 

200 

Nozzle  Percent  Length 

80 

80 

80 

80 

Engine  Mixture  Ratio 

1.6 

1.6 

1.6 

1.6 

Thrust  Chamber  Mixture  Ratio 

1.71 

1.63 

1.65 

1.61 

Total  Engine  Flowrate,  lb/sec 

134.1 

22.15 

11.11 

1.89 

Thrust  Chamber  Fuel  Flowrate, 
lb/sec 

48.15 

8.34 

4.13 

0.72 

Thrust  Chamber  Oxidizer  Flowrate, 
lb/sec 

82.18 

13.6 

6.82 

1.16 

Turbine  Weight  Flow,  percent 

0.0289 

0.0098 

0.0142 

0.0026 

Throttling  Ratio 

6 

6 

5.9 

5.9 

Fuel  Pump  Discharge  Pressure, 
psia 

2230 

233 

1140 

113 

Oxidizer  Pump  Discharge  Pressure, 
psia 

1640 

216 

843 

105 

Turbine  Mixture  Ratio 

0.1 

0.1 

0.1 

0.1 

Turbine  Inlet  Temperature,  R 

2060 

2060 

2060 

2060 
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alternate  mission  vehicle  configuration.  Basically,  the  concept  consits 
of  spherical  aluminum  tanks  mounted  within  the  vehicle  structure,  con¬ 
structed  of  corrugated  aluminum  with  stiffening  rings.  The  tank  supports 
and  lines  arc  designed  for  maximum  thermal  isolation  of  the  propellant 
tanks  to  permit  long-term  propellant  storage  while  subject  to  a  wide  range 
of  thermal  environments.  The  ACS  system  consists  of  16  thrusters  arranged 
in  a  manner  similar  to  the  LO2/LH2  and  LF2/LH2  systems  which  are  in  groups 
of  four  on  the  periphery  of  the  vehicle  at  a  station  approximating  the 
center  of  gravity.  The  major  difference  is  that  N2O4/N2H4-UDMH  (50-50) 
is  also  used  for  the  ACS  propellants  on  the  storable  propulsion  system. 

This  provides  thermal  compatibility,  high  performance,  and  redundancy  or 
high  reliability  in  that  propellants  can  be  transferred  between  the  main 
tanks  and  the  ACS  tanks.  A  positive-expulsion  device  is  used  in  the  ACS 
tanks.  Ambient  helium  is  used  for  main  tank  expulsion.  The  high  density 
of  the  storable  propellants  resulted  in  nearly  equal-volume  spherical  tanks 
that  could  be  contained  within  a  100-inch-diameter  stage.  The  overall 
diameter  of  the  engine  system  was  allowed  to  extend  to  the  maximum  stage 
diameter  of  120  inches.  A  weight  summary  of  the  36,000-pound-thrnst  N2O4/ 
N2H4-UDMH  (50-50)  MSPS  is  presented  in  Table  XXXIV  for  the  2000-pound- 
payload  system. 

(c)  The  mission  performance  capabilities  of  the  36,000-pound-thrust  N2O4/N2H4- 
UDMH  (50-50)  MSPS  are  summarized  in  Table  XXXV.  The  A  V  capabilities  are 
shown  for  those  extreme  cases  where  maximum  and  minimum  thrust  are  required 
for  one  continuous  firing.  The  effect  of  the  ACS  propellant  use  schedule 
is  indicated  by  the  two  extreme  situations.  In  one  case,  the  ACS  propel¬ 
lants  are  used  prior  to  the  propulsive  maneuver  and  results  are  also  shown 
where  the  entire  ACS  propellant  load  is  carried  through  the  propulsive 
maneuver.  The  AV  capabilities  are  also  shown  for  a  series  of  rendezvous 
maneuvers.  These  results  are  presented  for  2000-  and  5000-pound-thrust 
payload  systems  used  in  conjunction  with  each  of  the  candidate  launch 
vehicles.  A  general  comparison  indicates  that  the  storable  MSPS  provides 
approximately  30  to  33  percent  less  in-orbit  AV  capability  than  the 
equivalent  LF^/LHg  MSPS. 
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TABLE  XXX IV 

N204//N2H4“UDMH  (50-50)  MSPS 
VEHICLE  WEIGHT  SUMMARY* 


Gross  Weight 
Payload  Weight 
ACS  Propellant 
Usable  Propellant 
Step  Burnout  Weight 
Propellant  Fraction 


*Weights  are  in  pounds 
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TABLE  XXXV 

MISSION  PERFORMANCE  CAPABILITIES  FOR  NgO^NgH^ 


2000-Pouud  Payload 

F 

max 

(1) 

F 

BAX 

(2) 

F  . 
min 

(1) 

F  . 
min 

(2) 

Rendezvous 

AV, 

No 

Evasion 

F  i 

max 

(1) 

Nominal  Titan  III-C 

17,180 

16,090 

16,750 

15,680 

16,150 

12,310 ! 

Titan  III  With  Seven  Segments , 
120-Inch  Solids 

19,180 

18,020 

18,690 

17,570 

18,030 

14,300: 

Titan  III  With  Three  Segments, 
156-Inch  Solids 

20,220 

19,040 

19,710 

18,560 

19,060 

15,340 

Nominal  Saturn  I-B 

19,180 

18,020 

18,690 

17,570 

18,030 

14, 300 j 

Saturn  I-B  With  Minuteman 
Strap-ons 

20,220 

19,040 

19,710 

18,560 

19,060 

15,340, 

*Gro88  weight  =  36,000  pounds;  payload  =  2000  and  5000  pounds 

(1)  ACS  Propellant  Used  Before  Rendezvous  Maneuvers 

(2)  ACS  Propellant  Included  in  Burnout  Weight 
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SECTION  V 

MANEUVERING  SPACE  PROPULSION  SYSTEM 
ORBITAL  LIFE  INVESTIGATION 


(U)  The  effect  of  the  Maneuvering  Space  Propulsion  System  (MSPS)  mission  en¬ 
vironment  on  the  propellant  storage  capabilities  of  th*  LFg/LIL),  IX^/ULjt 
and  N2O4/N2H4-UDMH  (50-50)  systems  was  investigated  to  determine  the  rela¬ 
tive  mission  performance  capabilities  of  these  systems  for  extended  earth 
orbit  periods.  To  evaluate  the  ease  with  which  a  propellant  combination 
could  be  stored,  models  of  each  spacecraft  stage  based  upon  realistic  de¬ 
sign  assumptions  were  formulated.  Then,  with  the  definition  of  the  thermal 
environment  and  the  pertinent  characteristics  of  the  propellants,  a  thermal 
analysis  was  performed  to  determine  the  storage  system  requirements  in 
terms  of  insulation  thickness,  vehicle  characteristics,  tank  ullage  volumes, 
tank  pressure  and  propellant  losses.  This  approach  permitted  investiga¬ 
tion  of  the  various  design  parameters  most  influential  to  the  storage  capa¬ 
bilities.  The  results  of  these  parametric  analyses  provide  a  means  of 
selecting  the  most  efficient  storage  system  designs  for  each  propellant 
combination.  These  system  requirements  were  then  converted  into  stage  in¬ 
ert  weight  penalties  and  usable  propellant  losses  and  the  system  velocity 
capability  determined  as  a  function  of  Btorage  time. 

(u)  The  analytical  methods  and  system  characteristics  required  in  the  evalua¬ 
tion  of  the  cryogenic  systems  are  greatly  different  from  those  of  the 
earth-storable  propellant  combinations.  Therefore,  the  thermal  analyses 
of  the  LO2/LH2  and  LF2/LH2  systems  are  discussed  together.  The  thermal 
analysis  of  the  ^O^/NgHr-UDMH  (50-50)  syt  cem  is  then  discussed  in  a  sep¬ 
arate  section.  The  results  of  the  detailed  parametric  thermal  analyses 
are  then  used  to  define  the  final  propellant-storage  system  characteristics 
for  each  of  the  propellant  combinations,  and  the  system  AV  capabilities 
are  compared  as  a  function  of  orbital  storage  time. 

1.  GROUND  RULES 

(u)  Certain  ground  rules  were  established  to  provide  a  guide  for  the  analysis 
of  the  storage  capability  of  the  three  propellant  combinations.  Some  of 
these  ground  rules  were  based  on  the  previous  studies  of  Ref.  2,  3»  and  4 
and  others  were  selected  to  provide  a  common  realistic  basis  for  the 
analysis. 

(c)  The  20,000-pound  gross  weight  vehicles  selected  for  the  alternate  mission 
propulsion  systems  in  Ref.  2  were  specified  as  the  thermal  models  to  be 
used  in  the  analysis  of  the  respective  propellant  combinations.  The  orbi¬ 
tal  storage  life  of  these  systems  was  specified  as  the  subject  for  compar¬ 
ison.  The  Titan  III-C  launch  trajectory  was  used  as  the  basis  for  the 
boost  phase  heating  calculations.  An  orbit  altitude  of  100  n  mi  was  spec¬ 
ified  and  two  orbital  inclination  angles  and  vehicle  orientations  are  con¬ 
sidered  to  determine  the  extremes  in  the  orbital  thermal  environment. 

These  two  extremes,  which  are  illustrated  in  Fig.  64,  establish  the  criti¬ 
cal  conditions  for  the  cryogenic  and  storable  propellant  systems.  A 
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"polar"  orbit  where  the  vehicle  is  continuously  in  "view"  of  the  sun  with 
the  vehicle  sidewall  maintained  constantly  toward  the  sun,  describes  the 
severest  external  heating  condition.  Therefore,  this  is  the  critical  ex¬ 
ternal  heating  condition  for  the  cryogenic  propellants  and  if  the  storage 
system  can  be  designed  to  provide  adequate  thermal  protection  under  these 
conditions,  it  is  sufficient  for  all  orbital  heating  conditions. 

(U)  The  other  extreme  in  the  orbital  thermal  environment  results  from  the 
"equatorial"  orbit  where  the  orbit  plane  contains  the  earth  and  sun  and 
the  vehicle  travels  into  the  earth's  shadow  for  nearly  one  half  of  the 
orbit.  A  vehicle  orientation  where  the  payload  is  pointed  toward  the  sun 
combined  with  this  orbit  inclination  describes  the  minimum  heating  thermal 
environment.  This  vehicle  orientation  where  the  payload  is  pointed  toward 
the  sun  during  the  entire  orbit  provides  maximum  shading  to  the  propellant 
tanks  and  results  in  the  minimum  vehicle  equilibrium  temperatures .  This 
orbital  thermal  environment  would  actually  benefit  the  storage  capabili¬ 
ties  of  the  cryogenic  propelants,  but  would  also  result  in  the  eventual 
freezing  of  the  earth  storable  propellants.  In  an  actual  military  appli¬ 
cation  it  is  uncertain  if  specified  favorable  vehicle  orientations  could 
be  maintained  for  long  periods.  The  cryogenic  propellant  storage  systems 
are  designed  for  the  most  severe  or  highest  temperature  orbital  environ¬ 
ment.  The  N2O4/N2H4-UDMH  (50-50)  storage  system  must  be  designed  to  pro¬ 
vide  thermal  protection  for  both  of  the  limiting  orbital  environments  to 
prevent  either  over-heating  or  freezing  of  the  propellants. 

(u)  Two  mission  duty  cycles  were  specified  to  be  investigated  in  the  storage 
analysis.  These  two  duty  cycles  also  offer  two  extremes  in  the  propellant 
storage  requirements.  In  essence  the  duty  cycle  describes  the  amount  of 
propellant  in  the  tanks  for  the  orbital  storage  duration.  One  of  the  mis¬ 
sion  duty  cycles  that  is  considered  is  where  all  of  the  propellant  is  con¬ 
sumed  in  a  single  firing  at  the  end  of  the  storage  period.  Therefore  the 
storage  analysis  is  based  on  essentially  full  propellant  tanks  and  thus 
the  largest  heat  capacity  for  external  heating.  However,  this  duty  cycle 
is  critical  in  selecting  the  required  tank  ullage  volume  to  accommodate 
the  expansion  of  the  propellants  with  a  heat  input. 

(u)  The  other  propellant  use  schedule  is  specified  as  the  90/10  mission  duty 

cycle.  An  amount  of  propellant  is  consumed  as  soon  as  the  vehicle  achieves 
orbit  such  that  10  percent  of  the  propellant  remains  after  the  pressurant 
gas  and  liquid  propellant  come  to  equilibrium  following  this  initial  firing. 
This  means  that  at  the  beginning  of  the  orbital  coast  period,  only  10  per¬ 
cent  of  the  initial  propellant  load  remains  in  the  tank.  Pre-orbital  heat¬ 
ing  and  pressurant  gas  heating  are  also  included  in  the  analysis  of  this 
duty  cycle. 

(u)  A  set  of  propellant  condition  limits  based  on  the  system  design  character¬ 
istics  was  also  established.  First,  the  propellant  temperatures  were 
allowed  to  fall  no  lower  than  5  degrees  above  their  freezing  points  to 
ensure  the  absence  of  solid  particles  of  propellant.  Second,  the  pressure 
in  the  tank  was  not  permitted  to  exceed  the  run  pressure  of  70  psia.  Third, 
the  system  was  always  required  to  be  able  to  supply  the  required  NPSP  (net 
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positive  suction  pressure)  to  the  pumps.  This  requirement  was  translated 
into  a  maximum  vapor  pressure  through  inclusion  of  the  tank  run  pressure 
and  line  pressure  drop.  For  the  hydrogen  tanks,  which  are  pressurized  with 
gaseous  hydrogen,  the  NPSP  was  always  the  limiting  condition.  For  the  pro¬ 
pellants  pressurized  with  helium  the  tank  pressure  on  occasion  was  the  lim¬ 
iting  condition.  A  fourth  limiting  condition  was  applied  to  the  full  tank 
cases  to  account  for  thermal  expansion  of  the  propellants. 

In  addition  to  the  ullage  required  for  pressurization,  the  ullage  volume  of 
each  tank  was  sized  to  allow  propellant  expansion. 

2.  VEHICLE  DESCRIPTION 

(u)  For  the  analysis,  nominal  M5PS  vehicles  were  defined  based  on  the  alternate 
mission  vehicles  of  Ref.  2.  The  storage  evaluation  was  performed  based  on 
these  vehicle  configurations.  The  configurations  were  then  perturbed  and 
the  effect  on  storage  described. 

(c)  The  nominal  vehicles  had  a  gross  weight  of  20,000  pounds  and  a  payload  of 
2000  pounds.  The  configurations  consist  of  spherical  propellant  tanks  en¬ 
closed  by  an  outer  structural  shell  and  differ  only  slightly  in  propellant 
weight  from  the  REPS  vehicles  described  previously.  Propellant  tanks  are 
supported  by  low  thermal  conduction  supports.  The  outer  structure  also 
supports  the  payload. 

(U)  Vehicle  characteristics  are  described  in  Table  XXXVI.  These  characteris¬ 
tics  are  based  on  the  designs  of  Ref.  2.  The  cryogenic  systems  use  heated 
helium  as  the  run  pressurant  for  the  oxidizer  tank  and  heated  hydrogen  for 
the  fuel  tank.  As  recomsended  in  Ref.  4,  the  temperature  of  the  hydrogen 
pressurant  was  varied  and  its  effect  on  the  system  was  further  investigated. 
The  N2O4/N2H4-UDMH  (50-50)  vehicle  uses  a  helium  pressurization  system  for 
both  tanks.  A  propellant  line  heat  exchanger  was  used  to  provide  a  mini¬ 
mum  temperature  of  500  R.  The  required  NPSP  for  pump  operation  is  shown 
and  in  conjunction  with  the  tank  pressure  and  line  pressure  drop  define 
the  maximum  propellant  vapor  pressure  at  which  the  system  can  operate. 

3.  THERMAL  ANALYSIS 

(u)  The  thermal  analysis  of  the  maneuvering  propulsion  vehicle  was  performed 
by  considering  steady-state  radiation,  convection,  and  conduction.  The 
heat  transferred  to  the  propellant  tanks  by  each  of  the  methods  was  cal¬ 
culated  separately  and  the  individual  contributions  were  summed  to  give 
the  total  heat  input  rate  from  sources  external  to  the  propellant  tanks. 

The  analysis  determining  the  effects  of  the  external  conditions  including 
ground  hold  heating,  aerodynamic  heating  and  orbital  heating  is  described 
below.  The  analysis  concerning  the  effects  of  the  heat  input  on  the  thermal 
condition  of  the  propellants  is  then  described  for  the  vented  and  nonvented 
storage  systems  in  Appendix  III.  The  major  portion  of  the  analysis  was 
based  on  bulk  heating  of  the  propellant.  In  certain  specified  cases  temp¬ 
erature  distribution  in  the  tanks  was  considered. 
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a.  Analysis  of  Thermal  Environment 

(u)  The  thermal  environment  that  the  MSPS  experiences  in  a  normal  mission  con¬ 
sists  of  a  period  of  prelaunch  hold  on  the  launch  pad,  a  boost  phase,  and 
an  orbital  phase.  Each  phase  can  be  analyzed  separately  and  each  has  a 
different  effect  upon  the  propellant  storage. 

(1)  (u)  Prelaunch  Itavironment.  The  prelaunch  environment  was  analyzed  by 
assuming  a  vehicle  outer-wall  temperature  and  calculating  the  heat  trans¬ 
ferred  from  the  wall  to  the  tanks  through  all  wall-to-tanlc  connections  and 
through  the  gas  surrounding  the  tanks.  This  gas  may  be  air  or  an  inert 
purge  gas  depending  upon  the  insulation  concept  and  the  temperature  of 
the  propellants.  The  heat  transfer  from  the  gas  to  the  tank  wall  takes 
place  almost  entirely  by  conduction  because  the  purge  gas  flowrate  would 
be  relatively  low  and  the  connection  heat  transfer  is  negligible.  For 
this  analysis  the  outer  wall  was  assumed  to  be  at  560  E.  In  these  ground 
hold  periods  the  propellant  tanks  were  considered  to  be  closed.  A  range 

of  prelaunch  ground  hold  durations  were  considered  and  the  effects  described. 
For  the  system  comparisons,  ground  hold  times  based  on  current  vehicle 
launch  procedures  were  used. 

(2)  (U)  Boost  Phase  Environment.  The  boost  phase  heat  input  was  found  by 
calculating  the  temperature  history  of  the  vehicle  outer  wall  and  by 
assuming  that  the  interior  conditions  are  the  same  as  those  during  pre¬ 
launch  hold.  This  temperature  history  was  based  on  a  Titan  III-C  boost 
trajectory.  Heat  input  was  calculated  based  on  the  temperature  history 
of  three  points  on  the  vehicle  (Fig.  65).  The  skin  temperature  histories 
at  points  adjacent  to  the  tanks  were  used  to  compute  heat  fluxes  into 
the  respective  tanks.  The  maximum  heating  curve  is  shown  for  reference 
only.  The  heat  transfer  was  calculated  by  taking  a  series  of  steady-state 
conditions  at  many  time  increments  in  the  boost  trajectory.  The  steady- 
state  heat  input  rate  was  calculated  at  each  increment  and  multiplied  by 
the  increment.  The  sum  of  these  incremental  heat  inputs  over  the  whole 
boost  phase  was  then  calculated.  The  heat  remaining  in  the  vehicle  struc¬ 
ture  after  attainment  of  orbit  was  also  considered. 

(3)  (U)  Orbit  Environment.  Three  external  sources  of  radiant  energy  control 
the  thermal  environment  of  an  orbiting  vehicle:  direct  solar  radiation, 
reflected  solar  radiation  from  the  earth  surface  (albedo),  and  radiation 
emitted  by  the  earth.  The  largest  of  these  sources  is  the  solar  radiation 
which,  for  purposes  of  this  analysis,  was  assumed  to  be  in  the  form  of 
parallel  rays.  The  planetary  sources,  reflected  and  emitted,  are  also 
controlled  by  the  solar  radiation.  The  radiation  reflected  by  the  planet 
is 

al 

(a  is  the  albedo  and  I  is  the  intensity  of  solar  radiation  at  the  earth.) 

The  radiation  emitted  by  the  earth  can  be  found  by  assuming  that  the  plane¬ 
tary  surface  is  uniform  and  at  a  constant  temperature.  An  energy  balance 
between  absorbed,  emitted  (E),  and  reflected  radiation  then  gives: 

(1  -  a)  I  n  R2  =  4  it  R2E 
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Figure  65.  Temperature  History  During  Boost  Phase  for  Nominal 
Vehicle  Launched  by  Titan  III-C  From  WTR 
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E  =  ^  I 
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(u)  Previously  developed  analytical  techniques,  incorporating  radiation  view 
factors  from  the  earth  to  the  orbiting  vehicle,  were  used  to  determine 
the  radiation  incident  on  the  vehicle.  Assuming  that,  at  each  stage  of 
its  orbit,  the  vehicle  was  in  thermal  equilibrium,  an  energy  balance  be¬ 
tween  absorbed  and  emitted  radiation  was  performed  upon  the  vehicle  to 
give  an  equilibrium  outer  wall  temperature.  Tins  energy  balance  was  based 
upon  the  exact  vehicle  configuration  and  included  all  radiation  and  con¬ 
duction  from  the  vehicle  shell  to  the  propellant  tanks. 

(U)  The  extreme  cases  of  orbital  thermal  environment  were  considered  and  are 
illustrated  in  Fig.  64.  Case  (a)  represents  the  maximum  heat  input  case 
and  was  the  basis  of  design  for  the  cryogenic  systems.  The  ^O/j/^H^-UDMH 
(50-50)  systems  were  analyzed  both  for  the  maximum  heating  case  (a)  and 
the  minimum  heating  case  (b)  since  propellant  freezing  must  also  be  con¬ 
sidered  for  these  propellants. 

(4)  (u)  Pressurant  Heat  Input.  During  the  expulsion  phase  all  propellants 

are  pressurized  with  heated  pressurant,  either  GH2  or  He.  During  expul¬ 
sion,  heat  and  mass  exchange  between  the  hot  pressurant  and  the  propellant 
results  in  propellant  vaporization  and  a  reduction  in  pressurant  tempera¬ 
ture.  This  is  accounted  for  in  the  pressurization  calculations  described 
in  lief.  4.  The  vaporized  propellant  is  considered  to  be  unusable  and  is 
treated  as  residual  fluid. 

(U)  Following  the  expulsion  of  a  portion  of  the  propellant,  the  system  is  shut 
down  and  coasts  until  additional  propellant  is  used.  Upon  shutdown  the 
hot  pressurant  in  the  tank  and  the  liquid  propellant  come  to  equilibrium 
resulting  in  additional  propellant  vaporization  and  a  reduction  in  the  use- 
able  (liquid)  propellant. 

(u)  These  pressurant  heat  loads  were  considered  only  for  the  cryogenic  propel¬ 
lant  since  the  N2O4/N0H4-UDMH  (50-50)  pressurant  is  always  at  or  near  the 
liquid  temperature  because  of  the  propellant  line  heat  exchangers.  As 
indicated  the  temperature  of  the  hydrogen  pressurant  was  varied  and  its 
effect  on  storage  described. 

4.  CRYOGENIC  SYSTEMS 

a.  Vehicle  Model 

(c)  The  20 ,000-pound  gross  weight  alternate  mission  vehicles  described  in 
Ref.  2  were  specified  as  the  basic  configuration  to  be  used  in  the  pro¬ 
pellant  storage  analysis.  The  vehicle  design  and  tank  configuration  em¬ 
ployed  in  the  alternate  mission  vehicles  are  identical  to  the  equivalent 
MSPS  with  only  slight  variations  in  the  propellant  weight  and  tank  volumes. 
The  design  layout  of  the  LF2/LH2  alternate  mission  vehicle  is  shown  in 
Fig.  66.  The  stage  configuration  for  the  LO2/LH0  vehicle  is  similar 
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except  for  the  difference  in  tank  volumes.  The  tanks  are  aluminum  and 
are  supported  by  hollow,  fiberglass  rods.  The  governing  tank  design 
criteria  that  are  important  to  the  propellant  thermal  analysis  are  pre¬ 
sented  in  Table  XXXVI. 


(c)  The  pressurization  system  of  the  nominal  vehicle  was  chosen  during  the 
study  reported  in  Ref.  4.  The  system  uses  tridyne  (H^-OQ-He)  for  pre¬ 
pressurization  of  the  fluorine  tank  and  helium  (heated  by  the  reacted 
tridyne)  to  prepressurize  the  hydrogen  tank.  The  nominal  tank  injection 
temperature  of  each  is  500  R.  The  expulsion  pressurant  of  the  fluorine 
tank  is  helium  which  has  been  heated  by  an  engine-mounted  heat  exchanger; 
the  hydrogen  tank  pressurant  is  hot  hydrogen  tapped  from  the  engine  injec¬ 
tor  manifold.  The  helium  is  injected  into  the  tank  at  a  pressure  of  70 
psia  and  a  temperature  of  500  R;  the  hydrogen  is  injected  at  70  psia  and 
a  range  of  temperatures  depending  upon  thrust  level. 
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(u)  The  heat  conduction  paths  from  the  vehicle  wall  to  the  propellant  tanks 
are  the  feed,  fill,  and  vent  lines  insulation  attachments,  and  the  tank 
supports.  Many  designs  of  these  lines  and  supports  have  been  described 
in  the  literature  (Ref.  4).  A  review  of  several  design  possibilities  was 
conducted  and  their  effective  thermal  resistivity  described  (Appendix  IV). 
The  resistivity  values  ranged  from  2.5  to  640  hr-R/Btu.  For  the  nominal 
vehicle  a  value  of  115  hr-R/Btu  was  selected  and  reflects  a  reasonable 
design  with  the  fiberglass  supports  and  heat  blocks  in  the  feed  lines. 

The  resistivity  values  were  perturbed  and  the  effect  on  the  vehicle 
described. 

(U)  A  number  of  insulation  schemes  were  reviewed.  Based  on  the  requirements 
of  these  cryogenic  vehicles  and  the  current  level  of  technology,  a  system 
utilizing  the  superinsulations  and  a  helium  purge  during  ground  hold 
(Appendix  II)  was  selected.  Laboratory  testing  indicates  that  this  sytem 
has  good  outgassing  characteristics  and  the  helium  purge  prevents  freezing 
air  within  the  insulation. 


(U)  A  variety  of  superinsulations  was  considered  (Appendix  II).  For  purposes 
of  this  study,  NRC-2  was  chosen.  The  conductivity  used  for  this  insulation 
is  2  x  10-5  Btu/ft-R,  (approximately  50  layers  per  inch)  which  is  much 
higher  than  the  conductivity  of  6  x  10”°  Btu/ft-R  used  in  Ref.  4  which  was 
computed  by  theoretical  methods.  The  value  of  2  x  10”-*  Btu/ft-R  is  more 
representative  of  the  achievable,  installed  conductivity. 


b.  Effects  of  Thermal  Environment 

(u)  The  method  of  analysis  describing  the  external  thermal  environment  and  the 
internal  heating  of  the  propellants  was  discussed  previously.  In  the  fol¬ 
lowing  discussions  the  results  of  the  analysis  and  their  effect  on  the 
selection  of  the  propellant  storage  system  design  parameters  are  given. 

The  preorbital  heating  rates  are  established  and  the  basis  for  the  sel¬ 
ection  of  the  insulation  thickness,  vehicle  surface  coatings,  and  heat 
short  resistivities  is  presented. 
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(1)  (U)  Prelaunch  Environment.  During  prelaunch  hold,  the  insulation  on  the 
maneuvering  propulsion  vehicle  is  purged  with  helium  gas.  There  are  two 
reasons  for  this  choice  of  purge  gas:  (l)  the  helium  outgasses  from  the 
superinsulation  faster  than  other  gases,  and  (2)  the  helium  does  not  con¬ 
dense  upon  the  tank  walls.  The  vehicle  outer  wall  is  assumed  to  be  frost 
free. 

(U)  The  overall  heat  transfer  coefficients  through  the  purge  gas  and  tank  wall 
to  the  liquids  were  found  to  be  (Ref.  4)  0.282  Btu/hr-ft2-R  for  the  LO2 
and  LF2  and  0.381  Btu/hr-ft2-R  for  the  LH2  tank.  The  conduction  through 
wall-to-tank  connections  was  also  determined  and  makes  up  less  than  1 
percent  of  the  input  during  ground  hold.  For  hold  conditions  in  which  the 
wall  temperature  rises  to  100  degrees  (an  extreme  limit),  the  heat  input 
rates  for  the  F2/II2  system  are  16,500  Btu/hr  for  LF2,  and  41,177  Btu/hr  for 
Lib).  The  heat  input  rates  for  the  O2/H2  system  are  17,800  Btu/hr  for  the 
LO2  and  64,400  Btu/hr  for  the  LH2. 

(2)  (U)  Boost  Phase  Environment.  The  integrated  heat  transfer  during  boost 
for  the  F2/H2  system  is  5240  Btu's  for  the  LF2  tank  and  11,200  Btu's  for 
the  LH2  tank.  For  the  Og/llg  system,  the  integrated  heat  transfer  rates 
are  5400  Btu  for  the  L0Q  tank  and  17,500  Btu  for  the  LH2  tank.  Nearly 
all  the  latent  heat  in  the  vehicle  structure  after  attaining  orbit  will 
be  radiated  to  space  if  the  insulation  outgassing  is  rapid  and  will  not, 
therefore,  impose  any  additional  heat  load  upon  the  propellants.  These 
values  were  also  generated  in  Ref.  4. 

(U)  During  boost,  the  heat  input  to  the  tanks  may  not  be  evenly  distributed 

throughout  the  tank  or  the  ullage  gas  may  not  have  time  to  come  to  equili¬ 
brium  with  the  liquid.  If  all  of  the  heat  is  assumed  to  be  input  to  the 
ullage  gas  (the  most  conservative  assumption),  the  maximum  tank  pressure 
will  be  exceeded  in  the  hydrogen  tank  and  the  tank  will  have  to  vent  dur¬ 
ing  boost.  If  a  fraction  of  the  heat  equal  to  the  tank  ullage  surface  area 
over  the  total  tank  surface  area  is  assumed  to  be  input  to  the  ullage  gas, 
the  hydrogen  vent  pressure  is  still  exceeded.  These  results  are  reason¬ 
able  when  compared  with  the  flight  results  of  the  Centaur  vehicle.  Since 
the  amount  of  ullage  gas  vented  will  be  small  and  the  tank  will  come  to 
thermal  equilibrium  after  orbit  is  achieved  this  effect  can  be  ignored 
in  the  storage  analysis.  However,  in  the  vehicle  design  it  may  be  nec¬ 
essary  to  provide  a  vent  system  and  a  venting  strut  to  keep  the  vented 
hydrogen  away  from  the  vehicle  so  that  there  is  no  possibility  of  fire  in 
the  vicinity  of  the  vehicle. 

(3)  (U)  Orbital  Environment.  Based  upon  the  two  extreme  orbit  conditions, 
the  possible  extremes  of  outer  wall  temperature  are  shown  in  Fig.  67  as 
a  function  of  wall  absorptivity-to-emissivity  ratio.  Surface  coating 
material  limitations  constrained  the  lowest  temperature  to  405  R.  Heat 
transfer  to  the  tanks  was  assumed  to  occur  from  this  temperature  contin¬ 
uously  during  the  storage  period.  This  temperature  was  assumed  to  be 
uniform  over  the  outer  wall  of  the  vehicle. 
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(U)  The  outer  wall  coating  of  zircon-potassium  silicate  was  chosen  to  give 
an  et/€  value  of  0.185  with  an  emissivity  of  0.91.  This  choice  was  made 
to  give  the  lowest  possible  maximum  wall  temperature,  405  R.  A  review 
of  available  temperature  control  surface  coatings  is  presented  in 
Appendix  V. 

The  ullage  was  sized  to  accommodate  the  expansion  associated  with  the 
maximum  pressure  consistent  with  pump  NPSH  for  full  tanks.  The  variation 
of  ullage  requirement  with  allowable  vapor  pressure  for  fluorine,  oxygen, 
and  hydrogen  is  shown  in  Fig.  68. 

(U)  The  heat  leak  rate  to  the  propellants  through  the  superinsulation  is  shown 
as  a  function  of  thickness  in  Fig.  69  for  the  LF2  and  LHq  tanks.  The  heat¬ 
ing  rate  has  been  normalized  to  the  tank  volume  and  scales  as  V"V3  for 
tanks  of  other  sizes.  Similar  working  curves  were  also  generated  for  the 
LO2/LH2  system.  These  predicted  heat  leak  curves  do  not  include  con¬ 

duction  through  lines  and  supports. 

c.  Parametric  System  Storage  Analysis 

(U)  A  parametric  investigation  of  the  operating  and  design  parameters  of  each 
of  the  storage  systems  was  conducted  for  a  nominal  vehicle  design.  The 
effect  of  propellant-use  schedule,  ground  hold  times,  propellant  sub¬ 
cooling,  variations  in  pressurant  injection  temperature  and  many  other 
storage  system  design  or  operating  characteristics  were  investigated. 

The  final  results  are  presented  in  the  form  of  vapor  pressure,  total  tank 
pressure  and  liquid  remaining  in  the  propellant  tanks  as  a  function  of 
storage  time.  These  final  results  are  presented  for  the  two  limiting  use 
schedules  or  duty  cycles. 

(l)  (U)  Nominal  Vehicle  Design.  A  nominal  vehicle  model  was  formulated  to 

provide  the  basis  of  the  parametric  system  analysis.  The  design  selections 
were  based  upon  reasonable  insulation  and  conduction  path  heat  leaks  as 
follows : 


Hydrogen 

Fluorine  and 
Oxygen 

Insulation  Thickness, 
inches 

3 

2 

Conductive  Thermal 

Resistivity  (hr-R/Btu) 

115 

115 

The  nominal  design  point  orbital  heating  rates  for  the  LF2/LH2  system  are 
205  Btu/day  for  the  hydrogen  tank  and  140  Btu/day  for  the  fluorine  tank. 
The  design  point  heating  rates  for  the  system  were  140  Btu/day  for 

oxygen  and  280  Btu/day  for  hydrogen.  A  2.0-percent  ullage  was  chosen  for 
the  fluorine  tank  and  1.0-percent  for  the  oxygen  tank  based  upon  the  23 
psia  vapor  pressure  limit.  A  15  percent  ullage  was  assumed  for  the  hydro¬ 
gen  tank  to  correspond  with  the  maximum  vapor  pressure  of  58  psia. 
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Specific  Heat  Input  Rate  to  Propellant  Tank  by  Radiation 
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Liquid  Hydrogen  Tank 
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Surface  Area  ■  200  sq  ft 

Liquid  Fluorine  Tank 
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Surface  Area  =  II4U  sq  ft 
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Figure  69.  Specific  Heat  Input  to  Tank  by  Radiation 
as  a  Function  of  Insulation  Thickness 
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(2)  Flaorine/Bydrogen  System  (Fluorine  Tank). 

a.  (U)  Unvented  Storage.  The  initial  conditions  at  the  start  or  orbital 

coasting  are  shown  in  Fig.  70  and  71  as  a  function  of  the  percentage  of 
the  initial  fluorine  loading  used  during  the  first  firing  (before  coast). 
Three  conditions  were  considered:  no  preorbital  heating  with  250  R  helium 
pressurant;  no  preorbital  heating  with  500  R  helium  pressurant;  and  45 
minute  ground  heating  with  full  aerodynamic  heating  and  500  R  helium 
pressurant. 

(u)  The  percentage  of  fluorine  liquid  remaining  after  the  tank  has  come  to 
equilibrium  (Fig.  70)  shows  that  very  little  propellant  is  vaporized  as 
a  result  of  a  firing.  The  vapor  pressure  increases  to  22  psia  maximum 
for  90/l0  duty  cycle. 

(u)  The  total  fluorine  tank  pressure  (Fig.  7l)  is  high  after  a  firing  even 

though  the  vapor  pressure  is  low.  The  lower  helium  injection  temperature 
results  in  a  higher  final  helium  partial  pressure  following  a  firing. 

This  occurs  because  the  helium  pressure  drop  from  run  pressure  to  equili¬ 
brium  pressure  is  nearly  proportional  to  the  temperature  drop.  The  smaller 
temperature  drop  results  in  a  smaller  pressure  decay.  The  highest  total 
pressure  calculated  for  a  90/10  burn  duty  cycle  was  74  psia,  which  is 
within  maximum  tank  pressure  tolerance  since  the  vapor  pressure  is  low. 

(U)  The  vapor  pressure  of  the  liquid  fluorine  in  a  full,  unvented  tank  is 

shown  in  Fig.  72  as  a  function  of  orbital  storage  time  for  the  design  heat 
input  rates.  Seven  preorbital  conditions  are  considered,  four  having  no 
prechill  and  three  having  a  nitrogen  prechill.  For  the  unprechilled  pro¬ 
pellant,  the  storage  times  corresponding  to  orbital  heating;  orbital  and 
aerodynamic  heating;  orbital,  aerodynamic  and  20-minute  ground  hold;  and 
orbital,  aerodynamic  and  45-minute  ground  hold  are  shown.  For  the  pre¬ 
chilled  propellant  all  but  the  first  preorbital  heating  conditions  are 
shown. 

(U)  The  vapor  pressure  of  the  fluorine  is  well  below  the  system  limitations 
of  58  psia  for  all  the  preorbital  conditions  considered,  md  for  the  sel¬ 
ected  design  orbital  heat  input  rate  for  orbital  coast  times  less  than 
100  days. 

(U)  The  percentage  of  liquid  remaining  and  total  fluorine  tank  pressure  are 
shown  in  Fig.  73  and  7k  for  10-percent  full  tanks.  The  preorbital  con¬ 
ditions  of  no  ground  hold  or  aerodynamic  heating  and  45-minute  ground 
hold  with  aerodynamic  heating  are  shown.  The  nominal  storage  methods  are 
adequate  for  periods  of  coasting  of  less  than  20  days  (Fig.  74).  Coast 
times  greater  than  this  would  require  venting  of  helium  pressurant  after 
firing  to  lower  the  total  tank  pressure. 

(b)  (u)  Vented  Storage.  Calculations  indicated  that  vented  storage  for 

the  fluorine  tank  at  times  other  than  immediately  following  engine  firing 
was  undesirable.  Therefore,  no  time  history  of  the  continuously  vented 
fluorine  tank  was  calculated.  The  fact  that  the  total  tank  pressure 
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Figure  70.  Percentage  of  Liquid  Fluorine  Remaining  as  a  Function  of 
Percentage  Used  for  First  Firing  for  LFo/LHg  Vehicle. 
(Helium  Pressurant) 
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Figure  71.  Total  Fluorine  Tank  Pressure  as  a  Function  of 
Percentage  of  Initial  Propellant  Loading  Used 
for  First  Firing  for  IF2/IM2  Vehicle.  Helium 
Pressurant 
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Fijure  72.  Fluorine  Vapor  Pressure  as  a  Function  of  Time  in 
Orbit  for  Various  Preorbital  Conditions 
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[45  -Minute  Ground  Hold 


No  Ground  Hold,  No 
Aerodynamic  Heating 


Liquid  Fluorine  Tank 
Unvented  Storage 
10-Percent  Liquid  Remaining 
Injection  Temperature  =  500  R 
2 -Percent  Ullage 

Orbital  Heating  Input  Rate  ■  1U0  Btu/daj 


Time,  days 

Figure  74.  Total  Fluorine  Tank  Pressure  as  a  Function  of  Storage 
Time  for  10-Percent  of  Original  Propellant  Loading 
Remaining  as  a  Liquid  on  the  First  Day  for  LF2/LH2 

Vehicle.  Helium  Pressurant. 
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remains  high  could  cause  prepressurization  difficulties  and  might  require 
venting.  The  prepressurization  scheme  requires  prepressurization  gas  flow 
to  the  fluorine  tank  in  order  to  heat  the  hydrogen  tank  prepressurant.  If 
the  fluorine  tank  pressure  is  high,  there  will  be  no  flow. 
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(з)  Fluorine/lfydrogen  System  (Hydrogen  Tank). 

(a)  (u)  Unvented  Storage.  The  initial  conditions  existing  in  the  hydro¬ 
gen  tank  before  the  start  or  orbital  coasting  after  a  firing  on  the  first 
day  are  shown  in  Fig.  73  and  76  as  a  function  of  the  percentage  of  the 
initial  hydrogen  loading  used  during  the  firing.  The  conditions  considered 
are  injection  temperatures  of  960  R,  injection  temperature  with  aerodynamic 
heating,  and  with  20-minute  ground  hold  heating  and  aerodynamic  heating. 

(и)  A  relatively  large  amount  of  hydrogen  is  vaporized  by  the  hot  pressurant. 
This  high  vaporization  is  caused  by  the  high  specific  heat  of  hydrogen  gas. 
For  the  nominal  conditions  in  a  firing  in  which  90  percent  of  the  propel¬ 
lant  was  used,  the  remaining  10  percent  liquid  would  all  be  vaporized  as 
the  tank  came  to  equilibrium. 

(U)  The  hydrogen  vapor  pressure  (Fig.  75),  which  is  nearly  equal  to  the  total 
tank  pressure,  increases  rapidly  as  more  than  30  percent  of  the  propellant 
is  used  for  the  first  firing.  When  more  than  85  percent  of  the  propellant 
is  used  with  the  960  A  injection  temperature,  the  equilibrium  pressure  in 
the  tank  exceeds  the  tank  run  pressure;  however,  no  liquid  is  left  so  the 
pressure  is  irrelevant. 

(ll)  The  hydrogen  vapor  pressure  in  a  full  propellant  tank  is  shown  in  Fig.  77 
as  a  function  of  orbital  coast  time  for  q  number  of  preorbital  conditions, 
including  both  prechill  and  no  prechill.  The  tank  pressure  level  is  accep¬ 
table  for  the  14-day  mission  for  all  preorbital  conditions  to  and  including 
a  30-minute  ground  hold  without  prechill.  Longer  hold  times  will  result 
in  excessive  tank  pressure.  The  effect  of  prechill  is  to  add  an  extra 
30  minutes  to  the  ground  hold  capability.  However,  prechilling  liquid 
hydrogen  is  more  difficult  than  prechilling  liquid  fluorine. 

(u)  The  percentage  of  liquid  remaining  for  a  90/l0  duty  cycle  in  the  hydrogen 
tank  and  the  vapor  pressure  of  the  hydrogen  are  shown  in  Fig.  78  and  79. 

The  liquid  hydrogen  has  a  higher  vaporization  rate  than  the  liquid  fluorine 
and  its  vapor  pressure  rises  much  faster.  For  all  preorbital  conditions, 
the  vapor  pressure  limitation  is  exceeded  for  the  nominal  pressurant 
temperature. 

(b)  (u)  Vented  Storage.  The  extremely  poor  propellant  utilization  caused 
by  the  vaporization  of  hydrogen  liquid  by  the  hot  hydrogen  pressurant  sug¬ 
gests  that  a  system  in  which  the  hot  pressurant  is  vented  after  each  firing 
might  be  desirable.  Two  vent  pressures  were  evaluated,  50  and  15  psia. 

The  results  are  shown  in  Fig.  80  and  81.  The  50-psia  venting  condition 
is  similar  to  the  unvented  condition  (Fig.  77)  but  does  have  a  small  ad¬ 
vantage  in  percentage  of  liquid  hydrogen  remaining.  The  15-psia  venting 
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Propellant  Vapor  Pressure,  psia 


Percentage  of  Initial  Propellant  Loading  Used  for  First 
Firing 


Figure  75.  Hydrogen  Vapor  Pressure  as  a  Function  of  Propellant 
Usage  for  First  Firing  for  LF^/Ui^  Vehicle 
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Percentage  of  Propellant  Remaining  as  a  Liquid 
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Figure  76.  Percentage  of  Liquid  hydrogen  Remaining  as  a  Function 
of  Percentage  Used  for  First  Firing  for  LF2/LH2 
Vehicle.  Hydrogen  Pressurant. 
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PROPELLANT  VAPOR  PRESSURE,  PSIA 


TIME,  DAYS 


Figure  77  •  Hydrogen  Vapor  Pressure  as  a  Function  of  Time  for 
Various  Pre-orbital  Conditions 
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Figure  78.  Percentage  of  Liquid  hydrogen  Remaining  as  a  Function 
et  Orbital  Storage  Time  and  fydrogen  Preseurant 
Temperature 
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Hydrogen  Vapor  Pressure  as  a  Function  of  Storage  Time 
and  Hydrogen  Pressurant  Temperature  for  10  Percent  of 
Hydrogen  Remaining  After  the  First  day 
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Figure  80.  Hydrogen  Vapor  Pressure  as  a  Function  of  Propellant 
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gen  Pressurant,  for  LPg/LHg  Vehicle 


INITIAL  PROPELLANT  LOADING  REMAINiimc  AS  A  LIQUID,  PERCENT 


in 


LF2/LH2  VEHICLE 

LIQUID  HYDROGEN  TANK 
VENTED  STORAGE 
HYDROGEN  PRESSURANT 
960R  INJECTION  TEMPERATURE 
15%  ULLAGE 


*■■■■■■■■■■■■■■■■■■■■ 


15PSIA  VENTING 


SSSBHHSS^SSS 

a 


INITIAL  PROPELLANT  LOADING  USED  FOR  FIRST  FIRING,  PERCENT 

>  81 .  Percentage  of  Liquid  Hydrogen  Remaining  as  a  Function 
of  Initial  Propellant  Loading  used  for  First  Firing 


condition  gives  the  best  propellant  utilization.  Since  the  pressurant 
gas  is  already  lost  as  propellant,  venting  the  pressurant  does  not 
penalize  the  system  greatly  and  does  prevent  the  vaporization  of  the 
remaining  liquid;  however,  the  pressurant  requirements  are  increased. 

(U)  The  percentage  of  hydrogen  vented  from  an  initially  full  tank  is  shown 
in  Fig.  82  as  a  function  of  storage  time  for  a  vent  pressure  of  50  psia. 

A  variety  of  preorbital  heating  conditions  are  again  considered.  As  in 
the  case  of  the  fluorine,  the  hydrogen  loss  is  high  enough  to  make  con¬ 
tinuous  venting  result  in  a  major  performance  degradation. 

(U)  The  most  critical  storage  condition  is  that  of  10  percent  propellant  re¬ 
maining  at  the  start  of  orbital  coast.  For  this  condition,  the  hydrogen 
tank  is  the  most  critical  because  of  the  injection  of  hot  hydrogen  pres¬ 
surant  which  vaporizes  a  large  percentajge  of  the  liquid  remaining  immedi¬ 
ately  after  a  firing. 

(U)  There  are  a  number  of  possible  solutions  to  this  difficulty;  lower  pres¬ 
surant  temperatures,  venting  after  firing,  a  combination  of  lower  temp¬ 
erature  and  venting,  or  use  of  helium  pressurant.  The  inherent  disadvantage 
of  venting  is  that  the  coutrol  system  must  sense  whether  a  shutdown  is  a 
temporary  one  for  vehicle  reorientation  or  as  part  of  a  pulse  operation 
mode  or  whether  the  shutdown  is  at  the  conclusion  of  an  interception  and 
precedes  a  period  of  coasting.  If  the  tanks  were  vented  routinely  at  each 
shutdown,  prepressurant  and  pressurant  requirements  would  be  greatly  in¬ 
creased.  Restart  times  would  also  increase  because  prepressurization 
would  be  required  before  every  firing  rather  than  only  at  the  Btart  of  each 
interception. 

(4)  Oxygen/Hydrogen  System  (Oxygen  Tank). 

(a)  (U)  Unvented  Storage.  The  percentage  of  liquid  remaining  and  the 

total  tank  pressure  immediately  after  a  firing  are  shown  in  Fig.  83  and 
84  as  a  function  of  the  amount  of  propellant  used  for  the  firing.  Two 
pressuroi  t  temperatures  are  considered,  230  R  and  300  R.  The  preorbital 
heating  of  boost  phase  and  a  45-minute  ground  hold  are  also  shown  for  the 
500  R  pressurant  temperature.  The  results  are  almost  identical  to  those 
of  the  fluorine  tank  on  the  LF2/LH2  vehicle.  These  results  indicate  that 
a  fully  loaded  LO2  tank  can  be  stored  for  very  long  periods  of  time. 

(U)  The  conditions  in  the  oxygen  tank  with  10  percent  liquid  left  are  shown 

in  Fig.  85  and  86  as  functions  of  orbital  storage  time.  Like  the  fluorine 
tank,  the  oxygen  tank  total  pressure  is  too  high.  However,  this  problem 
can  easily  be  corrected  by  venting  the  helium  imnediately  after  a  firing. 

The  oxygen  vapor  pressure  increases  more  rapidly  than  the  fluorine  and 
could  affect  the  relative  performance  of  the  LO2/LH2  vehicle. 
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Figure  82. 


Percentage  of  Hydrogen  Vented  to  Space  as  a  Function 
of  Orbital  Storage  Time  for  Various  Preorbital  Condi' 
tions  for  LF2'/LH2  Vehicle 


Percentage  of  Initial  Propellant  Loading  Remaining  as  a  Liquid 


Figure  83.  Percentage  of  Liquid  Oxygen  Remaining  as  a  Function 
of  Propellant  Used  for  First  Firing 
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Figure  84.  Total  Oxygen  Tank  Pressure  as  a  Function  of  Propellant 
Used  for  First  Firing  for  LO  /LI I  Vehicle.  Helium 
Pressurant.  ^ 
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(5)  Jxygen/Hydrogcn  System  (Hydrogen  Tank), 

(a)  (U)  Unvented  Storage.  The  hydrogen  tank  conditions  are  identical  to 

those  found  on  the  LFo/LHq  vehicle  for  no  preorbital  heating.  The  effects 
of  preorbital  heating  are  smaller  than  for  the  LI^/JHq  vehicle.  The  liquid 
remaining  and  the  vapor  pressure  of  the  hydrogen  after  pressurant'  collapse 
are  shown  in  Fig.  87  and  88.  The  hydrogen  vapor  pressure  as  a  function  of 
orbital  storage  time  is  shown  in  Fig.  89  for  a  variety  of  preorbital  con¬ 
ditions  for  full  tanks.  The  storage  is  better  than  that  of  the  LF2/U^ 
hydrogen  tank,  but  ground  hold  still  creates  difficulties  in  maintaining 
vapor  pressure  limitations  for  extended  time  periods. 

(u)  The  liquid  remaining  and  the  vapor  pressure  in  the  hydrogen  tank  are  shown 
in  Fig.  90  and  91  for  10  percent  of  the  liquid  remaining  on  the  first  day 
of  orbital  coasting. 

5.  N204/N2H4-«DMII  (50-50)  SYSTEMS 

a.  Vehicle  Model 

(c)  The  20,000-pound  gross  weight  alternate  mission  vehicle  of  Ref.  2  (Fig.  92) 
was  used  in  the  propellant  storage  analysis.  The  vehicle  configuration 
was  two  spherical  propellant  tanks  within  an  outer  structural  shell.  A 
helium  pressurization  system  with  heat  exchangers  was  used.  Tank  supports 
were  similar  to  those  of  the  cryogenic  vehicles.  Since  heat  conduction 
paths  would  be  similar  to  those  of  the  cryogenic  vehicles,  the  same  nominal 
value  of  thermal  resistivity  (115  hr-R/Btu)  was  used.  Where  insulation 


was  necessary,  the  NRC-2  super  insulation  was  used, 
of  air  during  ground  hold  was  not  a  problem,  u  helium 
required. 

Since  the  freezing 
purge  was  not 

System  operating  limits  are  listed  in  Table 

XXXVII 

TABLE  XXXVII 

SYSTEM  OPERATING  LIMITS 

N2°4 

n2ii4-udmh  (50-50) 

Tank  Pressure  Required  Above  Vapor  Pressure 
to  Provide  NPSH,  psia 

46.5 

46.5 

Maximum  Allowable  Vapor  Pressure,  psia 

23 

23 

Temperature  for  Maximum  Vapor  Pressure,  R 

580 

660 

Tank  Run  Pressure,  psia 

70 

70 

Tank  Burst  Pressure,  psia 

90 

90 

Freezing  Point,  R 

472 

479 
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Percentage  of  Initial  Propellant  Loading  Remaining  as  a  Liquid 
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Figure  07. 


Percentage  of  Liquid  Hydrogen  Remaining  as  a 
Function  of  Percentage  Used  for  First  Firing 
for  LO2/LH2  Vehicle,  Hydrogen  Pressurant. 
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Propellant  Vapor  Pressure,  psia 


Figure  88.  Hydrogen  Vapor  Pressure  as  a  Function  of  Initial 

Propellant  Loading  Used  for  First  Firing  for 

LCL/UL  Vehicle. 
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Figure  89.  Hydrogen  Vapor  Pressure  as  a  Function  of  Time  in  Orbit 
for  Various  Pre-Orbital  Conditions. 
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Propellant  Heating 

(c)  Thermal  Environment.  The  thermal  environment  of  the  ^O^/^H^-UDMH 
(50-50)  vehicle  is  qualitatively  the  same  as  that  of  the  two  cryogenic 
vehicles.  However,  for  the  storable  propellant,  vehicle  temperature  con¬ 
trol  in  orbit  is  the  most  important  factor  in  the  performance  of  the  vehicle. 
Ground  hold  and  aerodynamic  heating  were  negligible  factors. 

(u)  Pre launch  Phase.  The  maneuvering  propulsion  vehicle  using 
storable  propellants  will  have  no  performance  degradation  for  any  ground 
hold  conditions  in  which  its  Titan  III-C  launch  vehicle  will  operate. 

(u)  Boost  Phase.  The  boost  phase  has  no  significant  effect  upon 
the  orbital  storage  of  the  N2O4/N2H4-UDMH  (50-50)  propellants  since  the 
temperatures  experienced  by  the  propellants  during  boost  are  within  the 
allowable  range  for  both  propellants.  Heating  of  the  ullage  space  may 
create  the  need  for  venting  during  boost.  However,  the  Titan-III  Transtage 
does  not  have  a  venting  requirement  so  that  venting  during  boost  is  an 
unlikely  requirement. 

(u)  Orbital  Phase.  The  orbital  phase  calculations  were  performed 
using  the  two  limiting  orbital  orientations  shown  in  Fig.  64.  The  polar 
orbit  with  side  wall  toward  the  sun  is  the  maximum  heating  condition. 

The  equatorial  orbit  with  payload  toward  the  sun  is  the  minimum  heating 
condition. 

(if)  Internal  Heating  Effects.  The  analytical  methods  used  in  deter¬ 
mining  the  internal  heating  effects  on  the  storable  propellants  are  identi¬ 
cal  to  those  used  in  the  analysis  of  the  cryogenic  systems.  Since  the 
pressurization  system  of  the  N2O4/N2H4-UDMH  (50-50)  vehicle  uses  ambient 
helium  (within  the  usable  temperature  range  of  the  propellants) ,  no  energy 
balance  is  necessary  and  the  pressurization  gas  and  propellants  are  in 
continuous  thermal  equilibrium. 


Storage  System  Analysis 

The  primary  result  of  the  thermal  analysis  is  that  either  insulation  or 
a  variable  outer  wall  coating  is  necessary  for  storage  of  the  ^O^/^H^- 
UDMH  (50-50)  propellant  combination  for  all  possible  orbital  heating  con¬ 
ditions.  The  vehicle  can  be  designed  to  operate  indefinitely  in  a  given 
orbit  and  vehicle  orientation  without  insulation;  however,  it  cannot  then 
operate  under  other  orbital  heating  conditions  for  long  periods  of  time. 

The  possible  propellant  and  wall  temperatures  of  a  vehicle  in  a  100  nautical 
mile  orbit  are  shown  in  Fig.  93  hb  a  function  of  the  solar  absorptivity-to- 
infrared  emissivity  ratio  of  the  vehicle  outer  wall  (o/e).  Curve  A  is  a 
representation  of  the  possible  wall  temperatures  for  a  polar  orbit  with 
the  sidewall  oriented  toward  the  sun.  This  temperature  does  not  vary  with 
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orbital  position  since  the  orientation  of  the  vehicle  with  respect  to  the 
sun  and  earth  does  no1  change  (Fig.  64).  For  very  long  storage  times, 
the  entire  vehicle  will  reach  this  temperature. 

(U)  Curves  B,  C  and  D  of  Fig.  93  are  illustrations  of  the  possible  tempera¬ 
tures  that  could  be  experienced  by  a  vehicle  in  an  equatorial  orbit  with 
its  payload  toward  the  sun  blocking  all  direct  solar  radiation.  The  range 
of  temperatures  of  the  outer  wall  of  an  insulated  vehicle  is  shown  in 
curves  B  and  D.  The  change  in  temperature  between  these  extremes  is  shown 
in  Fig.  94  as  a  function  of  orbital  position.  With  these  temperatures  a 
low  wall  heat  capacity  is  assumed. 

(u)  The  average  propellant  temperature  for  a  vehicle  having  very  high  wall- 
to-propellant  conductivity  is  shown  in  Curve  C.  In  this  case,  the  wall 
temperature  is  almost  equal  to  the  propellant  temperature.  It  was  found 
that  the  propellant  temperature  varies  from  this  average  value  by  less 
than  1  degree  during  each  orbit.  The  range  of  temperatures  for  which  the 
storable  propellants  neither  freeze  nor  require  venting  is  shown  shaded 
in  Fig.  93  for  each  propellant.  There  is  no  single  value  of  a/ €  that  will 
allow  the  propellants  to  stay  in  equilibrium  in  both  a  polar  and  equatorial 
orbit  (one  for  which  both  curve  A  and  C  are  in  the  allowable  range).  There¬ 
fore,  either  a  variable  wall  configuration  must  be  used  so  that  the  vehicle 
can  adjust  its  C(/(  to  any  orbit  condition  or  one  o/c  value  must  be  chosen 
and  insulation  used  to  protect  the  propellants  in  other  orbits  for  which 
this  value  does  not  attain  an  equilibrium  temperature  in  the  allowable 
range. 

(U)  The  only  method  of  storing  the  N2O4/N2H4-UDMH  (50-50)  propellant  combina¬ 
tion  indefinitely  in  any  orbit  that  is  not  specified  in  advance  is  with 
a  variable  outer  wall  o/c.  This  variation  could  be  achieved  by  use  of 
rotating  panels  in  the  outer  wall.  One  side  of  each  panel  could  have  a 
very  low  value  of  0 </ € ,  the  other  side  a  high  value.  By  varying  the  com¬ 
bination  of  panels  turned  outward,  a  variety  of  average  vehicle  dj €  values 
could  be  obtained.  An  onboard  sensing  system  would  be  necessary  to  control 
the  vehicle  temperature  by  using  the  rotating  panels.  The  use  of  rotating 
panels  has  the  advantage  of  being  adaptable  to  higher  orbits  for  which 
the  temperature  range  during  an  orbit  and  from  orbit  to  orbit  becomes 
wider.  If  vehicle  orientation  could  be  used  for  the  purpose  of  thermal 
control,  panels  of  the  exterior  surface  with  different  0 y  (.  coatings  could 
be  used  in  conjunction  with  vehicle  orientation  to  achieve  the  effect  of 
a  variable  o/c  system. 

(u)  If  a  variable  0t/ €  system  is  not  used,  insulation  will  be  necessary  for 

the  vehicle  tanks.  An  insulation  system  similar  to  that  used  on  the  cryo¬ 
genic  vehicles  with  NRC-2  type  insulation  could  be  used.  The  choice  of 
0^/c  is  dictated  by  the  choice  between  venting  and  freezing  of  the  propel¬ 
lants.  Since  the  N2H4-UDMH  (50-50)  fuel  can  sustain  higher  temperatures 
than  the  ^0^,  the  choice  of  allowing  the  vehicle  temperatures  to  go  above 
the  allowable  for  some  orbits  should  result  in  less  insulation  (for  the 
N2H4-UDMH  (50-50)  tank)  than  the  choice  of  allowing  the  propellants  to 
approach  freezing  temperatures.  For  this  reason,  an  o/c  value  of  3-5  was 
selected.  This  0t/(  is  easily  obtainable  as  shown  in  Appendix  V. 
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(U)  Using  the  value  of  3.5  for  outer  wall  d/€,  the  insulation  thickness  nec¬ 
essary  to  store  the  propellants  a  given  length  of  time  before  venting  is 
required,  was  calculated.  The  required  insulation  thickness  is  shown  in 
Fig.  95  for  a  starting  temperature  of  530  R.  This  initial  vehicle  equili¬ 
brium  temperature  has  been  shown  to  be  a  reasonable  estimate  based  on 
Agena  vehicle  flight  results. 

(u)  Although  the  propellant  can  be  stored  for  long  periods  of  time  by  the  ap¬ 
plication  of  insulation,  the  pressurization  system  for  partial  burn  duty 
cycles  may  be  adversely  affected.  If  the  vehicle  is  in  an  orbit  for  which 
the  equilibrium  temperature  is  low,  the  pressurant  temperature  during  a 
firing  will  be  low.  If  the  vehicle  then  transfers  to  an  orbit  for  which 
the  equilibrium  temperature  is  high,  the  pressurant  temperature  and  pres¬ 
sure  will  increase.  Since  the  pressurant  in  the  ullage  was  originally 
at  the  tank  run  pressure  and  there  is  no  pressure  collapse  as  there  is 
with  cryogenics ,  some  pressurant  must  be  vented  to  avoid  exceeding  the 
run  pressure.  For  a  vehicle  going  from  a  high-temperature  orbit  to  a 
low-temperature  orbit,  additional  pressurant  is  necessary  to  counter  the 
pressure  decrease  in  the  tank.  The  only  solution  is  to  supply  excess 
pressurant  before  the  start  of  a  mission  and  to  provide  some  form  of  pres¬ 
surant  venting. 

(U)  An  MSPS  using  the  N2O4/N2H4-UDMH  (50-50)  propellant  combination  can  be 
designed  to  operate  in  space  for  long  periods  of  time  without  major  per¬ 
formance  loss.  However,  design  restrictions  necessary  to  achieve  this 
storage  may  impose  slight  weight  penalties  upon  the  vehicle.  If  a  vehicle 
coating  having  a  solar  absorptivity-to-emissivity  ratio  of  3.5  is  used 
and  two  inches  of  NRC-2  type  insulation  is  applied  to  the  propellant  tanks, 
storage  times  of  over  5  years  can  be  obtained  for  any  orbit  and  attitude 
with  full  tanks.  Ten  percent  full  tanks  have  significantly  shorter  storage 
times.  Designs  arc  possible  that  could  give  indefinite  storage  by  using 
a  variable  o/c  shroud;  however,  the  weight  of  such  designs  is  probably 
greater  than  that  of  an  insulated  system. 

6.  STORAGE  LIFE  COMPARISON 

(u)  The  parametric  storage  system  analyses  previously  discussed  were  used  to 
define  the  most  efficient  thermal  storage  systems  for  each  of  the  three 
propellant  combinations.  The  relative  performance  capabilities  vs  storage 
time  of  the  three  systems  were  then  compared  based  upon  the  most  realistic 
mission  thermal  environment.  Two  limiting  duty  cycles  were  considered  in 
the  study.  The  first  of  these,  extended  orbital  coast  with  full  tanks, 
is  critical  in  determining  ullage  requirements.  The  second,  extended 
orbital  coast  with  10  percent  of  the  propellant  remaining  is  critical  in 
determining  pressurization  system  effects,  heat  input  effects  and  insula¬ 
tion  requirements. 

(U)  The  preorbital  heating  included  in  the  comparison  consists  of  the  aero¬ 
dynamic  heating  encountered  during  a  Titan  III-C  launch  trajectory.  The 
effects  of  a  short  ground  hold  were  also  included  based  upon  the  launch 
procedure  for  current  vehicles.  The  launch  procedure  time  schedule  shown 
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Figure  95.  Required  Insulation  for  NTO/50-50  Vehicle 
2ji  Ullage  in  Both  Tanks 
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in  Table  XXXVI11  for  a  Centaur  vehicle,  indicates  that  the  LH2  tank  is 
closed  approximately  7.0  seconds  before  launch  and  the  tank  can  be  topped 
off  until  this  time.  Similarly  the  LO2  tank  of  .he  Atlas  is  closed  less 
than  2  minutes  prior  to  liftoff. 

(c)  The  mission  performance  or  A  V  comparison  is  presented  for  20,000-pound 

gross  weight  MSFS  with  2000-pound  payloads.  The  effect  of  increased  grosB 
weights  and/or  increased  payload  will  be  shown  in  a  later  section.  The 
AV  capability  for  each  system  was  calculated  for  a  series  of  individual 
design  points  dependent  upon  the  storage  time.  The  results  are  presented 
as  normalized  AV  for  the  three  propellant  combinations  for  full  tanks 
and  for  10-percent  full  tanks. 


Storage  System  Design  Selection 


(u)  The  design  requirements  for  the  storage  systems  of  each  of  the  propellant 
combinations  were  found  using  the  methods  of  thermal  analysis  described 
in  the  previous  sections.  Using  the  ullages  and  insulation  thicknesses 
necessary  to  store  the  propellants  a  given  number  of  days,  the  vehicle 
inert  weights  and  A  V  capabilities  were  determined.  The  vehicles  were 
unvented  by  increasing  the  ullage  volume  and  by  applying  insulation  until 
the  heat  leak  through  the  wall  and  tank  connections  became  dominant  and 
venting  became  unavoidable;  i.e. ,  a  different  vehicle  thermal  design  for 
each  storage  period  until  venting  occurs.  The  maximisn  insulation  thick¬ 
ness  used  for  the  vehicles  before  venting  became  necessary  was  6  inches. 
Vehicle  size  and  insulation  material  limitations  probably  would  make 
thicker  insulations  unattractive. 


(u)  The  point  designs  are  not  necessarily  optimum  designs  since  tradeoffs 

were  not  performed  between  ullage,  insulation  weight,  pressurization-system 
weight,  and  venting  methods  for  the  various  storage  times.  However,  the 
variation  in  A  V  capability  from  the  optimum  system  would  be  very  small. 

For  example,  venting  the  tanks  sooner  than  the  time  chosen  could  result 
in  an  insulation  weight  saving  that  may  result  in  a  higher  overall  AV 
for  particular  missions.  However,  since  the  mission  cannot  be  specified 
in  advance,  the  philosophy  was  adopted  of  storing  as  long  as  possible  in 
the  unvented  mode.  The  same  philosophy  was  applied  in  choosing  tank  ul¬ 
lages.  By  increasing  the  ullage  volume,  the  full  tanks  can  remain  unvented 
longer  than  the  10-percent  full  tanks,  but  the  additional  ullage  results 
in  a  slight  penalty  to  the  storage  time  of  the  10-percent  full  tanks. 
Finally,  the  pressurant  temperature  of  the  hydrogen  was  reduced  from  960  F 
to  250  R  to  improve  the  storage  capabilities  of  the  cryogenic  vehicles 
without  performing  a  temperature  optimization.  Recent  studies  conducted 
by  Douglas  Aircraft  Company  have  indicated  that  a  pressurant  injection 
temperature  of  near  200  R  is  the  optimum  design  for  this  application.  A 
review  of  these  results  is  presented  in  Appendix  VI. 

(U)  A  summary  of  the  present  selection  and  alternate  choices  of  the  thermal 
protection  concepts  is  presented  in  Table  XXXIX; a  summary  of  the  vehicle 
design  parameters  is  given  in  Table  XL. 
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TABLE  XXXVIII 

CENTAUR  LAUNCH  COUNTDOWN 
ATLAS-CENTAUR  NO.  5,  MARCH  1965  LAUNCH 


T  Count 

Time 

Clock 

Time 

Minutes 

Seconds 

Minutes 

Seconds 

Start  LOg  Chilldown 

-66 

30 

0 

Start  LOg  Tanking 

-60 

6 

30 

Start  Hg  Chill 

,  -50 

]6 

30 

LO^  System  Secured  at  60  Percent 

1  -50 

16 

30 

Start  Hg  Tanking 

-29 

30 

37 

3 

Start  LOg  Topping 

-21 

20 

45 

10 

LO2  Readout  at  99.1  Percent  Full 
Hold 

-5 

63 

30 

Centaur  LOg  Topping 

-5 

96 

48 

Automatic  Countdown  Phase 

-13.05 

106 

34 

LOg  Tank  Pressurized 

-7.62 

106 

29 

Vent  is  Closed 

-7.35 

106 

29 
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TABLE  XXX  EX 


MANEUVERING  PROPULSION  SYSTEM  THERMAL 
IROTECTION  DESIGN 


Design  Feature 


Payload  Shielding 

High  Resistivity 
Fill  and  Vent  Lines 

Low  Conductivity 
Supports 


Tank  Insulation 


Wall  Temperature 
Control 


Line  Venting 


Pressurant  Temperature 
Control 


Tank  Venting 


High  Resistivity  Feed 
Lines 


Present  Selection 


Cryogenic  Vehicles 

Aluminum  Foil 
Stainless  Steel  Lines 


Fiberglass  Tubing  and 
Fiberglass  Straps 


NRC-2  Type  with  no 
Substrate,  Tank 
Mounted 


Zirconiun  Silicate 
in  Potassium 

Silicate 

Return  to  Tank 
Ullage 

Propellant  Feed 

Line  Heat  Exchanger 
for  GHg 

LHrj  Vent  Used  to  Cool 
Oxidizer  Tank 

Thermodynamic  Vent 
Device 


Stainless  Steel  Lines 
with  Stainless  Steel 
and  Fiberglass  Heat 
Blocks 


Alternate  Choices 


Super insulation 

Heat  Blocks 
Detachable  Lines 

Stainless  Steel  Wires 

Stainless  Steel 
Conic  Section 

Dimplar 

Mylar  and  Paper 
Shroud  Mounted 
Fiberglass  Substrate 
Zinc  Oxide  in  Potassium 
Silicate 

White  Porcelain  Enamel 

Used  to  Cool  Heat 
Sources  then  Dumped 

Gas-Liquid  Mixing 

Pressurant  Venting 


Vented  to  Space 


LH2  or  Oxidizer 

Venting  Used  to  Cool 
Shroud 

Filament  Wound  Heat 
Blocks 

Filament  Wound  Lines 


TABLE  XXXIX 


(Concluded) 


Design  Feature 

Present  Selection 

Alternate  Choices 

N2°4/N2H4-UDMH  (50-50)  , 

Payload  Shielding 

None 

Aluminum  Foil 

Super insulation 

High  Resistivity  Fill 
and  Vent  Lines 

Same  as  Cryogenics 

Low  Conductivity 
Supports 

Same  as  Cryogenics 

Tank  Insulation 

NRC-2  type  with  no 
Substrate ,  Tank 

Mounted 

Uninsulated 

Mylar  Paper 

Wall  Temperature 

Control 

Gold  on  Magnesium 

Sections  <f  Black 
Kemncryl 

Rotating  Panels  of  Gold 
on  Magnesium  and 
Zirconium  Silicate  in 
Potassium  Silicate 

Pressurant  Temperature 
Control 

None  Needed 

Tank  Venting 

None  Needed 

High  Resistivity  Feed 
Lines 

Same  as  Cryogenics 
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PROPULSION  SYSTEM  DESCRIPTION 


System 

LF( 

LO g/LHg 

N2°4 

Propellant 

LF2 

LH2 

L02 

LHg 

n2o4 

Pressurnnt 

He 

IIe 

«2 

He 

Pressurant  Temp¬ 
erature  ,  R 

500 

250 

500 

250 

500 

Maximum  Vapor  Pres¬ 
sure,  psi 

23 

58 

23 

58 

23 

Ullage,  percent 

2.0 

15.0 

3.0 

15.0 

2.0 

Thermal  Resis¬ 
tivity,  hr-R/Btu 

115 

115 

115 

115 

115 

Outer  Wall  0 (/ € 

0.185 

0.185 

0.185 

0.185 

3-5 

Outer  Wall  Tempera¬ 
ture  (maximum) ,  R 

405 

405 

405 

405 

730 

Ground  Hold  Time, 
seconds 

360 

60 

360 

60 

- 

(U)  A  correlation  of  the  calculated  heating  rates  with  experimental  data  is 
presented  in  Appendix  VIII.  These  results  compare  the  actual  boiloff 
rates  in  an  environment  simulated  test  with  the  calculated  values  ob¬ 
tained  in  this  study. 

(1)  (u)  LFg/Lfi^  Vehicle  Design  Requirements.  The  ullage  required  for  the 

liquid  hydrogen  tank  is  shown  in  Fig.  9?)  as  a  function  of  storage  time. 

This  ullage  was  chosen  to  keep  the  full  tank  from  venting  for  the  design 
point  storage  time. 

(U)  A  maximun  ullage  volume  of  15  percent  permits  the  liquid  hydrogen  to  expand 
in  the  tank  until  a  temperature  is  reached  which  corresponds  to  the  maximum 
design  hydrogen  vapor  pressure  of  58  psia.  Therefore,  the  full  hydrogen 
tank  must  be  vented  after  167  days  based  upon  the  established  heating  rates. 
A  2-percent  ullage  was  maintained  for  the  fluorine  tank  as  this  corresponds 
to  the  density  increase  for  the  maximum  vapor  pressure  limit. 

(u)  The  insulation  thickness  required  on  each  of  the  tanks  is  shown  in  Fig.  97 
as  a  function  of  time  before  venting  is  requireu.  The  limiting  time  is 
based  upon  the  10-percent  full  tanks.  Ullage  volume  is  increased  from 
5  to  15  percent  as  storage  time  is  increased  to  delay  the  necessity  of 
venting.  The  fluorine  tank  insulation  thickness  was  chosen  to  keep  the 
tank  from  venting  until  the  hydrogen  tank  begins  venting. 

(U)  Both  tanks  were  kept  unvented  as  long  as  possible  by  increasing  the  ullage 
and  adding  insulation.  However,  a  practical  limit  was  set  for  insulation 
thickness,  and,  when  this  limit  is  reached,  the  fluorine  tank  must  be 
maintained  unvented  by  other  methods.  After  the  '  hydrogen  tank  begins  to 
vent,  the  fluorine  tank  can  be  cooled  with  the  hydrogen  vapor.  Therefore 
only  enough  insulation  was  used  on  the  fluorine  tank  to  keep  it  from  vent¬ 
ing  until  the  hydrogen  began  venting. 

(U)  The  necessary  thermal  conditioning  system  would  consist  basically  of  an 
expansion  unit  which  acts  as  a  liquid  vapor  separator  for  the  hydrogen 
tank,  a  heat  exchanger  unit  for  the  fluorine  tank,  and  associated  control 
components.  A  mixer  unit  may  also  be  required.  The  operation  would  be 
to  expand  the  vented  hydrogen  and  pass  it  through  a  heat  exchanger  to  re¬ 
move  or  intercept  the  heat  entering  the  fluorine  tank  and  then  vent  the 
heated  vapor  overboard.  Several  heat  exchanger  locations  are  possible: 

(i)  on  the  fluorine  tank  surface;  (2)  in  the  fluorine  tank  bulk  fluid; 
or  (3)  at  maximum  heat  input  points  such  as  the  tank  supports  and  feed 
lines.  For  purposes  of  analysis,  the  complete  unit  was  assumed  to  weigh 
20  pounds. 

(2)  (U)  LO^/LIIg  Vehicle  Design  Requirements.  The  ullage  requirement  for 

the  hydrogen  tank  is  shown  in  Fig.  96  vs  storage  time.  A  constant  ullage 
of  3-0  percent  was  maintained  for  the  oxygen  tank. 
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Figure  97.  Point  Design  Insulation  Thickness  as  a  Function  of  Required 
Storage  Time. 


(U)  The  insulation  requirements  of  the  LO2/LH2  vehicle  are  shown  in  Fig.  98 
as  a  function  of  storage  time.  The  requirements  for  the  hydrogen  tank 
are  similar  to  those  for  the  LF2/LH2  vehicle.  The  oxygen  tank  requires 
less  insulation  than  the  fluorine  tank  since  the  10-percent  full  oxygen 
tank  begins  venting  inmediately  independent  of  insulation  thickness  because 
'  f  the  high  vapor  pressure  of  the  oxygen.  The  fluorine  tank  was  insulated 
to  prevent  venting.  The  oxygen  tank  insulation  was  therefore  chosen  to 
prevent  venting  the  full  tank  and  to  keep  the  venting  loss  rate  from  the 
10-percent  full  tank  low. 

(u)  The  hydrogen  tank  was  maintained  unvented  until  6  inches  of  insulation 

were  required.  At  this  point,  hydrogen  venting  cannot  be  avoided.  Vent¬ 
ing  of  the  full  oxygen  tank  is  not  required;  however,  continuous  venting 
of  the  10-percent  full  oxygen  tank  is  necessary. 

(з)  (u)  NgO^/NgH^-UDMH  (50-50)  Vehicle  Design  Requirements.  The  only  variable 

design  requirement  of  the  N20/J/N2H/.-UDMH  (50-50)  is  the  insulation  thick¬ 
ness.  The  2-percent  ullage  for  both  tanks  is  the  maximum  required  aud 
the  vehicle  can  be  kept  unvented  for  longer  times  than  the  cryogenic  vehicles 
by  adding  insulation.  The  required  insulation  thickness  are  shown  in 
Fig.  99  as  a  function  of  storage  time. 

b.  Specification  of  Duty  Cycle 

(U)  The  two  duty  cycles  evaluated  in  the  relative  system  performance  capabilities 
are  specified  by  the  percentage  of  fuel  remaining  at  the  beginning  of  orbital 
coasting  (the  percentage  of  oxidizer  is  somewhat  higher).  The  selected 
duty  cycles  were  previously  described  as  full  propellant  tanks  and  10-percent 
full  tanks.  The  system  performance,  AV,  is  given  for  the  condition  where 
the  final  burn  (or  the  only  burn  for  the  full  tank  cose)  is  accomplished 
at  the  end  of  the  specified  duty  cycle.  The  propellant  storage  system  is 
designed  to  be  capable  of  performing  either  duty  cycle. 

(и)  The  tank  pressure  history  experienced  in  the  full  tanks  and  the  correspond¬ 
ing  propellant  vaporization  is  described  in  general  in  Fig.  100.  From  zero 
time  to  (l),  the  vapor  pressure  increases  due  to  preorbital  heating  and 
subsequent  propellant  vaporization.  The  vapor  pressure  rise  experienced 
during  orbital  coast  is  shown  between  (l)  and  (2)  and  the  Lit,  expands  to 
nearly  fill  the  tank  at  (2).  At  (2)  the  maximum  hydrogen  vapor  pressure 

is  reached  and  the  hydrogen  tank  must  be  vented  for  longer  storage  dura¬ 
tions  and  the  vapor  pressure  remains  constant.  At  (3),  the  tank  is  pres¬ 
surized  to  (4)  for  propellant  expulsion  and  engine  firing. 

(u)  A  general  description  of  the  tank  pressure  history  and  propellant  vapor¬ 
ization  for  the  90/l0  duty  cycle  is  presented  in  Fig.  101.  The  vaporiza¬ 
tion  and  pressure  increase  due  to  preorbital  heating  is  shown  between  zero 
and  (l).  The  vehicle  fires  immediately  after  achieving  orbit  and  the  tank 
is  pressurized  at  (l).  The  tank  then  comes  to  equilibrium,  vaporizing 
some  propellant  and  leaving  10  percent  as  liquid  (3).  The  vehicle  then 
coasts  until  58-psia  vapor  pressure  is  reached  in  the  hydrogen  tank  by  the 
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Figure  98  .  Point  Design  Insulation  Thickness  as  a  Function  of  Required 
Storage  Time 
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Figure  99 .  Point  Design  Insulation  Thickness  as  a  Function  of 
Required  Storage  Time  for  the  N204/N2H4-UDMH 
(50-50)  Vehicle 
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Figure  100  *  Full  Tank  Cycle  Pressure  History  (Hydrogen) 


Figure  101.  90/10  Cycle  Pressure  History  (Hydrogen) 
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continued  vaporization  of  liquid  (4).  Additional  vaporization  (4)  to 
(5)  is  then  accommodated  by  venting.  The  tank  is  pressurized  (5)  to  (6) 
for  the  final  burn. 

The  time  required  to  reach  58  psia  and  the  venting  rate  are  determined 
by  the  insulation  thickness.  A  higher  A  V  is  obtained  if  the  vehicle  is 
fired  before  the  end  of  the  specified  storage  period.  The  maximum  vehicle 
A  V  would  be  obtained  if  the  engine  were  fired  before  the  tank  pressure 
has  had  a  chance  to  decay  after  the  first  firing.  As  the  pressurant  cools 
by  vaporizing  the  liquid  propellant,  the  available  A  V  of  the  second  burn 
decreases  until  equilibrium  is  reached.  This  occurs  in  a  relatively  short 
►  time.  The  available  A  V  decreases  during  coast  as  additional  propellant 

is  vaporized  and  vented  until  the  time  for  the  last  firing  is  reached. 

The  performance  curves  in  the  following  discussion  represent  the  locus  of 
the  end  points  of  a  set  of  A  V  vs  time  curves  for  specific  point  designs 
of  ullage  and  insulations. 


c.  Mission  Performance  Capabilities 

(C)  All  the  velocity  increment  calculations  were  based  upon  the  20,000-pound 
gross  weight  2000-pound  payload  design.  The  effects  of  changing  gross 
weight  or  payload  weight  will  be  discussed  in  a  later  section.  The  weight 
of  a  venting  device  was  included  in  the  inert  weight  of  the  vehicles  after 
venting  became  necessary.  The  weight  of  the  device  was  estimated  to  be 
20  pounds,  including  the  thermal  conditioning  system  for  the  oxidizer  tank. 

(U)  The  performance  capabilities  are  shown  in  Fig.  102  for  the  three  vehicles 
with  full  tanks.  The  performance  is  that  obtained  for  complete  expulsion 
on  the  last  day  of  storage.  All  A  V  values  have  been  normalized  to  the 
14-day  value  for  the  LF^/hU^  vehicle  reported  in  Ref.  2. 

(u)  With  full  (fixed  mixture  ratio)  propellant  tanks,  the  LF2/LH2  combination 
has  better  performance  than  the  ^O^/^H^-UDMH  (50-50)  for  storage  times 
less  than  400  days  and  better  performance  than  the  LO2/LH9  combination 
for  storage  times  less  than  290  days.  If  the  initial  tank  mixture  ratios 
are  adjusted  for  the  cryogenic  systems,  the  propellant  storage  capabili¬ 
ties  can  be  improved  considerably. 

(U)  The  solid  lines  in  Fig.  102  represent  systems  that  have  an  initial  tanked 
mixture  ratio  of  13:1  for  LF2/LH2  system,  6:1  for  LO2/LH2  system,  and 
1.8:1  for  N2O4/N2H4-UDMH  (50-50)  system.  These  curves  are  characterized 
by  the  region  where  insulation  is  being  added  to  each  point  design  for 
storage  times  from  zero  to  approximately  3  weeks  for  the  cryogenic  systems. 
In  the  next  region  where  the  A  V  drops  off  more  gradually  with  storage 
time,  the  initial  tank  ullage  volume  has  been  increased  for  each  point 
design  until  an  LH2  tank  ullage  volume  of  15  percent  is  reached;  for 
storage  times  beyond  this  point,  hydrogen  tank  venting  is  required  and 
the  A  V  capability  is  described  by  the  solid  lines. 
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(U)  As  an  alternative  to  venting  with  a  constant  tank  mixture  ratio,  the 
initial  tanked  propellant  mixture  ratio  can  be  decreased  such  that  the 
required  hydrogen  venting  results  in  the  design  engine  propellant  mixture 
ratio  being  available  at  the  end  of  the  specified  storage  period.  The 
AV  capabilities  for  the  LF2/LH2  and  LO2/LH2  systems  under  these  conditions 
are  represented  by  the  dashed  curves  in  Fig.  102. 

(U)  In  both  cases,  the  engines  operate  at  the  design  mixture  ratios  (13:1  for 

LF2/LH2  and  6:1  for  LOg/LHg)  for  all  storage  times.  There  are  two  advantages 
to  the  variable  initial  tanked  mixture  ratio.  The  increased  hydrogen 
weight  improves  the  storage  capabilities  and  there  is  no  excess  oxidizer 
remaining  at  the  end  of  the  storage  period.  In  the  constant  tanked  mixture 
ratio  case  represented  by  the  solid  line,  the  excess  oxidizer  is  unavailable 
for  propulsion  and  must  be  carried  through  the  propulsive  maneuver  as  inert 
weight. 

(U)  These  results  indicate  that  very  long  storage  times  can  be  achieved  with 
small  A  V  penalties  for  cryogenic  systems  by  selection  of  proper  tanked 
mixture  ratio  conditions.  Fa*  this  design  philosophy  the  LF2/LH2  system 
performance  exceeds  that  of  the  LOg/LI^  system  for  storage  times  of  at 
least  2  years.  The  variable  tanked  mixture  system  performance  is  shown 
for  storage  times  of  just  over  300  days;  at  this  point  the  required  tanked 
mixture  ratios  are  approximately  3:1  for  the  LO2/LH2  system  and  10:1  for 
the  LF2/LU2  system. 

(U)  The  performance  capabilities  of  the  vehicles  for  the  severe  90/10  duty 

cycle  are  shown  in  Fig.  103.  The  initial  portion  of  the  curve,  to  a  stor¬ 
age  time  of  approximately  20  days,  is  represented  by  vehicle  point  designs 
where  the  insulation  thickness  is  progressively  increased  up  to  a  maximum 
of  6.0  inches.  At  this  point  (or  storage  time)  the  hydrogen  tank  is  vented. 
The  point  at  which  the  curve  breaks  and  becomes  horizontal  for  the  LF2/LHQ 
system  represents  the  storage  time  at  which  all  of  the  remaining  hydrogen 
has  been  vaporized,  and  the  ^  V  capability  shown  is  that  achieved  in  the 
initial  firing  performed  immediately  after  achieving  orbit.  The  continued 
slight  drop  in  the  LO0/LH2  system  A  V  is  caused  by  the  continued  addition 
of  insulation  on  the  oxygen  tank  required  for  the  full  tank  storage  con¬ 
dition.  The  continuous  increase  in  insulation  thickness  with  storage  time 
also  explains  the  slight  degradation  in  the  performance  of  the  N2O4/N2H4- 
UDMH  (50-50)  with  time. 

(u)  For  the  severe  90/10  duty  cycle,  the  LF2/LH0  vehicle  has  a  higher  total 
velocity  increment  than  the  N2O4/N2H4-UDMH  (50-50)  for  storage  times  less 
than  115  days  (Fig.  103)  and  higher  than  the  LO0/LH2  for  all  storage  times. 
The  LO2/LH2  falls  below  the  N2O4/N2H4-UDMH  (50-50)  after  35  days. 

7.  STORAGE  SYSTEM  SENSITIVITY  ANALYSIS 

(u)  In  the  preceding  section  nominal  storage  system  design  characteristics 
were  selected  and  a  mission  performance  comparison  of  the  three  propel¬ 
lant  combinations  was  made  to  illustrate  the  effect  of  the  propellant 
storage  penalties  on  the  overall  mission  performance  as  a  function  of 
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storage  time.  The  effects  of  alternate  storage  system  design  choices  are 
presented  in  this  section.  The  nominal  storage  system  design  that  has  been 
selected  for  each  of  the  propellants  represents  sound  compromises  for  the 
range  of  missions  that  the  vehicle  might  be  called  upon  to  perform.  How¬ 
ever,  more  sophisticated  designs  or  advanced  concepts  may  improve  the 
vehicle  performance  for  specific  mission  applications.  The  results  of  the 
sensitivity  analysis,  which  are  presented  in  a  parametric  form,  provide 
an  indication  of  the  areas  where  advanced  design  efforts  may  significantly 
benefit  the  storage  capabilities  of  the  MSPS. 

(U)  Only  the  more  important  storage  system  design  choices  have  been  evaluated 
in  the  sensitivity  analysis.  These  include  heat  conduction  path  resis¬ 
tivity,  storage  method,  insulation,  and  external  vehicle  coatings.  The 
effect  of  increased  system  gross  weight  and/or  payload  is  also  shown.  Other 
system  design  variations  may  also  benefit  the  storage  capabilities  and 
the  effects  may  be  derived  from  the  parametric  analysis  presented  in  this 
report. 

a.  Effect  of  Thermal  Resistivity  of  Wall-To-Tank  Connections 

(U)  Variations  in  the  design  of  fill,  vent,  and  feed  lines  and  the  tank  supports 
can  be  illustrated  by  variation  of  the  effective  thermal  resistivity.  This 
resistivity  can  have  a  large  range  depending  upon  the  designs  and  assumptions 
as  was  illustrated  in  the  selection  of  the  nominal  system  design.  For  pur¬ 
poses  of  analysis,  a  resistivity  range  of  10  to  500  hr-R/Dtu  was  used  (see 
Appendix  IV).  The  thermal  resistance  affects  the  storage  of  the  cryogenic 
vehicles  in  two  ways:  (l)  it  affects  the  insulation  required  to  achieve 
a  given  storage  time;  and  (2)  it  determines  the  maximum  time  allowable 
before  the  tank  must  be  vented  even  with  perfect  insulation  (no  heat  con¬ 
ducted  through  the  insulation). 

(U)  The  insulation  thicknesses  required  to  perform  a  14-day  mission  are  shown 
in  Fig.  104  for  the  three  vehicles  compared.  The  relatively  low  insulation 
requirements  for  the  LO2  tank  are  discussed  in  item  6. a,  (2).  Changes  in 
tank  size,  wall  temperature  and  pressurant  effects  would,  of  course,  change 
the  insulation  thicknesses  for  each  resistivity,  but  the  overall  trend 
would  be  the  same.  The  6  V's  achievable  in  the  14-day  mission  are  shown 
in  Fig.  105  as  a  function  of  resistivity  for  full  propellant  tanks. 

(U)  The  performance  of  the  cryogenic  vehicles  is  almost  insensitive  to  thermal 
resistivity  for  resistivity  values  above  100.  For  resistivity  values  below 
100,  the  required  insulation  thickness  increases  rapidly,  and  the  V 
performance  decreases.  This  illustrates  the  change  from  radiation-dominated 
to  conduction-dominated  heat  transfer  mode.  For  large  values  of  resis¬ 
tivity,  almost  all  heat  transfer  is  by  radiation.  For  small  values  of 
resistivity,  radiation  is  much  smaller  than  conduction.  The  performance 
of  the  N2O4/N2H4-UDMH  (50-50)  vehicle  is  completely  insensitive  to  re¬ 
sistivity  for  moderate  storage  times  since  very  little  insulation  is 
required  even  for  small  resistivities. 
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(U)  The  maximum  number  of  days  that  the  propellants  can  be  stored  without 
venting  is  shown  in  Fig.  106  for  10-percent  full  tanks  as  a  function  of 
thermal  resistivity  for  the  three  comparison  vehicles.  The  maximum  un- 
vented  storage  time  is  linear  with  resistivity  for  a  perfect  insulation. 

Full  tanks  can  be  stored  for  an  equal  or  longer  time  before  venting  is 
required  depending  upon  the  ullage.  The  maximum  unvented  storage  time 
with  6  inches  of  insulation  is  also  shown  for  the  cryogenic  vehicles. 

b.  Effect  of  Tank  Insulation 

(U)  Insulation  chonges  can  affect  performance  in  two  ways.  First,  a  change 

in  the  density-conductivity  product,  p  k,  of  the  supcrinsulation  will  change 
the  required  insulation  weight  for  a  constant  heating  rate.  Secondly,  the 
addition  of  an  insulation  substrate  to  reduce  preorbital  heating  (while 
the  superinsulation  is  outgassing)  would  affect  both  the  vehicle  inert 
weight  and  the  effect  of  preorbital  beating. 

(u)  The  change  in  performance  caused  by  a  change  in  the  p  k  product  of  the 
insulation  is  shown  in  Fig.  ,107  for  the  LF2/LH9  vehicle  with  full  tanks 
(this  vehicle  was  chosen  because  it  requires  tne  largest  amount  of  insula¬ 
tion  and  the  effect  is  more  pronounced)  for  a  14-day  mission.  The  effect 
of  the  addition  of  a  substrate  is  more  complicated  since  the  vehicle  inert 
weight  will  be  increased  by  the  addition  of  the  substrate.  However,  less 
vacuum  insulation  would  be  required  to  store  the  propellants  for  a  given 
time,  since  the  effect  of  the  preorbital  aerodynamic  heating  would  be 
smaller. 


c.  Effect  of  Vehicle  External  Surface 

The  effect  of  vehicle  surface  coating  material  and  changes  in  this  material 
with  time  in  a  space  environment  occurs  because  of  the  equilibrium  outer 
wall  temperature  associated  with  given  material  properties.  The  material 
properties  that  directly  affect  the  wall  temperature  are  the  solar  radia¬ 
tion  absorptivity  and  the  infrared  emissivity.  The  effect  of  the  absorp¬ 
tivity  emissivity  ratio  (o$/c)  upon  the  required  insulation  thickness  and 
vehicle  performance  is  shown  in  Fig.  108  and  100  for  the  cryogenic  vehicles 
for  a  14-day  mission.  The  effect  of  a/ €  upon  the  storable  propellants  was 
discussed  in  the  selection  of  the  nominal  system  design. 

(U)  These  results  are  based  upon  a  100-nautical  mile  Polar  Earth  orbit  environ¬ 
ment  with  the  vehicle  sidewall  toward  the  sun.  Other  orbit  altitudes,  inclina¬ 
tions,  and  vehicle  orientations  would  show  smaller  variations. 


Effect  of  Pressurant  Temperatures 


(u)  The  effect  of  the  hydrogen  pressurant  gas  can  be  controlled  in  two  ways; 
by  reducing  gas  temperature,  and  by  venting  the  gas  to  space  immediately 
after  each  firing.  The  £  V  performance  for  a  90/10  duty  cycle  mission 
is  shown  in  Fig.  110  as  a  function  of  pressurant  injection  temperature 
for  the  LFg/LHr,  vehicle.  The  injection  temperature  affects  this  perform¬ 
ance  through  insulation  weight  requirements  and  through  propellant 
vaporization. 
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(u)  The  A  V  performance  for  a  90/10  duty  cycle  of  the  LF2/LH2  vehicle  is  Bhovn 
in  Fig.  Ill  as  a  function  of  the  pressure  at  which  the  hydrogen  pressurant 
is  vented.  The  hydrogen  pressurant  injection  temperature  is  250  R,  and  a 
14-day  coast  period  is  assumed.  The  LF2  tank  is  not  vented  because  the 
500  R  helium  injection  temperature  does  not  result  in  an  excessive  vapor 
pressure  rise. 

(U)  The  maximum  number  of  day's  storage  with  perfect  insulation,  with  6  inches 
of  insulation,  and  the  maximun  number  of  days  for  unvented  storage  are 
shown  in  Fig.  112  as  a  function  of  pressurant  vent  pressure.  The  two  lower 
curves  indicate  the  coast  times,  after  venting  to  the  specified  value  im¬ 
mediately  after  the  first  firing,  which  could  be  accomplished  without 
exceeding  the  58  psia  NPSP  limit.  The  storage  time,  after  the  first  burn 
and  venting,  which  would  result  in  complete  depletion  of  the  LHg  by  venting, 
is  shown  by  the  upper  curve.  The  vapor  pressure  of  the  hydrogen  immediately 
before  the  first  firing  is  23  psia,  therefore  vent  pressures  below  this 
value  are  not  shown.  The  gain  in  performance  from  decreasing  the  pressurant 
injection  temperature  from  960  R  to  250  R  is  5  percent  (Fig.  110)  and  the 
gain  from  venting  pressurant  for  250  R  injection  temperature  is  3  percent 
(Fig.  111). 

e.  Effect  of  Tank  Venting 

(u)  The  method  of  tank  venting  used  in  calculating  the  vehicle  performance  con¬ 
serves  the  oxidizer  by  use  of  the  vented  hydrogen.  However,  for  vehicles 
using  a  constant  engine  mixture  ratio  (i.e.,  no  propellant  utilization 
system)  this  conservation  of  oxidizer  may  actually  penalize  the  performance 
because  this  excess  weight  must  be  carried  through  the  propulsive  maneuver. 
That  is,  the  oxidizer  will  not  deplete  as  rapidly  as  the  fuel  (from  vent¬ 
ing)  and  some  oxidizer  will  be  left  after  the  fuel  tank  has  been  emptied. 

An  advantage  of  thermally  conditioning  the  oxidizer  tank  however  is  the 
greater  safety  of  not  venting  fuel  and  oxidizer  simultaneously. 

(U)  Venting  the  ullage  gas  directly  to  space  has  the  advantage  of  not  requir¬ 
ing  a  thermal  conditioning  system,  thus  saving  inert  weight.  Another  pos¬ 
sibility  would  be  the  use  of  the  vented  gases  to  cool  the  vehicle  shroud. 
This  cooling  would  be  accomplished  by  flowing  the  gases  through  tubes  in 
the  vehicle  wall  before  venting  them  to  space.  The  radiation  from  the 
shroud  could  be  reduced  considerably  by  this  method.  The  effect  upon  the 
A  V  performance  and  required  insulation  would  be  similar  to  that  shown 
for  the  variation  in  the  o/e  ratio,  since  the  net  result  would  be  to  re¬ 
duce  the  vehicle  equilibrium  temperature.  Some  weight  penalty  however 
would  be  incurred  with  use  of  the  cooling  system. 

(u)  An  alternative  to  continuous  venting  is  venting  to  the  required  vapor  pres¬ 
sure  immediately  before  a  firing.  Preconditioning  in  this  way  however  has 
the  disadvantage  of  increasing  response  time. 
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f .  Effect  of  Propellant  Utilization  Systems 

(u)  The  venting  of  hydrogen  before  the  venting  of  oxidizer  indicates  that  a 

propellant  utilization  system  could  improve  vehicle  performance.  To  evalu¬ 
ate  the  usefulness  of  a  propellant  utilization  system,  a  T.Fg/l.Hg  vehicle 
with  an  initial  tank  mixture  ratio  of  10:1  was  used.  The  engine  operating 
mixture  ratio  was  allowed  to  vary  between  10:1  and  13:1.  No  inert  weight 
penalty  was  assigned  to  the  propellant  utilization  system  device,  however, 
tank  and  insulation  weight  effects  were  included. 

(u)  The  A  V  performance  of  this  vehicle  is  shown  in  Fig.  113  and  114  compared 
to  the  nominal  vehicle.  For  the  full  tank  mission  (Fig.  113)  the  nominal 
vehicle  achieves  higher  performance  for  storage  times  less  than  28  days 
because  the  13:1  tanked  mixture  ratio  results  in  a  lower  inert  weight. 

The  vehicle  with  a  propellant  utilization  system  has  higher  i  V  capability 
for  all  times  greater  than  28  days.  The  very  slow  decrease  of  A  V  of  the 
propellant  utilization  system  Vehicle  after  venting  of  hydrogen  begins 
indicates  that  the  mixture  ratio  has  been  adjusted  to  use  all  of  the 
fluorine.  The  maximum  mixture  ratio  of  13:1  occurs  at  400  days;  and  after 
this  time,  the  performance  decreases  rapidly  similar  to  that  of  the  nominal 
vehicle.  This  comparison  is  for  5-percent  ullage.  Larger  ullages  would 
provide  longer  storage  prior  to  the  use  of  the  propellant  utilization  sys¬ 
tem.  With  15-percent  ullage  and  a  propellant  utilization  system,  the 
vehicle  could  coast  for  almost  600  days  before  residual  fluorine  effects 
performance. 

(U)  For  the  90/l0  duty  cycle  mission,  (Fig.  114)  the  propellant  utilization 
system  vehicle  obtains  higher  A  V  performance  for  all  times  less  than 
150  days.  This  improvement  of  performance  is  obtained  because  the  system 
adjusts  for  the  vaporization  of  hydrogen  by  the  pressurant.  Higher  ullages 
would  have  somewhat  lower  performance  but  would  still  show  improvement. 

g.  Effect  of  Tank  Ullage 

(u)  The  oxidizer  tank  ullage  was  fixed  for  purposes  of  this  study,  since  it 
is  a  small  quantity.  The  hydrogen  ullage  was  chosen  so  that  the  vehicle 
with  full  tanks  would  achieve  a  design  coast  time  of  14  days  without  vent¬ 
ing.  The  required  insulation  thickness  for  the  hydrogen  tanks  to  prevent 
venting  are  shown  in  Fig.  115  as  a  function  of  ullage  for  full  and  10- 
percent  full  tanks  for  a  14-day  mission  for  the  LF2/LH2  vehicle.  The  maxi¬ 
mum  unvented  storage  time  is  shown  in  Fig.  116  as  a  function  of  ullage  for 
the  full  and  10-percent-full  tanks.  The  larger  ullages  penalize  the  10- 
percent  tank  storage  but  improve  the  full  tank  storage.  At  5-percent 
ullage,  the  storability  of  both  full  and  10-percent  full  tanks  is  the 
same. 

h.  Effect  of  Propellant  Loading 

(c)  The  vehicle  propellant  loading  may  change  for  two  reasons,  the  payload 

could  be  changed  from  the  present  2000  pounds,  and  the  vehicle  gross  weight 
could  be  increased.  The  effect  of  both  payload  and  gross  weight  can  be 
seen  by  analyzing  the  effect  of  propellant  loading. 
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Figure  113.  Performance  Comparison  of  LFn/LH*  Vehicle  with  and  Without  a 
Propellant  Utilization  System 
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Figure  115.  Required  Insulation  as  a  Function  of  Ullage  for  the 
LFg/LHg  Vehicle  on  a  14-Day  Mission 
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(c)  The  required  insulation  thicknesses  for  the  hydrogen  tank  and  fluorine 
tank  of  the  LF2/LH0  vehicle  are  shown  in  Fig.  117  as  a  function  of  pro¬ 
pellant  weight.  The  14-day  mission  with  the  90/10  duty  cycle  was  used 
for  the  parametric  analysis.  The  values  corresponding  to  2000-  and  5000- 
pound  payloads  for  gross  weights  of  20,000  and  35>000  pounds  are  located 
on  the  curves.  The  maximum  unvented  storage  time  for  the  90/10  duty  cyle 
is  shown  in  Fig.  118  for  various  propellant  loadings.  The  full  tanks  will 
vent  at  the  same  time  or  later.  Increasing  propellant  loading  improves 
the  storability  of  the  larger  volume-to-area  ratio  associated  with  in¬ 
creased  propellant  weight.  The  heat  leak  through  wall  to  tank  connections 
does  not  increase  significantly  with  propellant  weight  and  therefore  the 
effect  of  this  heat  leak  becomes  smaller  with  increasing  propellant  weight. 


i.  Effect  of  Slush  Hydrogen 

(ll)  The  use  of  a  mixture  of  hydrogen  liquid  and  solid  (slush)  is  attractive 
for  long  storage  duration  missions  since  the  latent  heat  of  fusion  of  the 
solid  can  be  used  to  absorb  much  of  the  external  heat  input  early  in  the 
mission.  However,  for  a  vehicle  which  may  be  required  to  fire  as  soon  as 
it  is  placed  in  orbit,  the  use  of  slush  hydrogen  could  penalize  the  system 
since  the  solid  is  unusable  by  the  engine.  The  use  of  slush  would  increase 
the  ground  hold  time.  If  the  vehicle  is  to  remain  in  orbit  for  an  exten¬ 
ded  period  before  firing,  or  if  the  pumps  and  feed  system  can  be  designed 
to  run  with  a  mixture  of  solid  and  liquid  hydrogen,  the  use  of  slush  hydro¬ 
gen  should  be  considered. 

j.  Sensitivity  of  Design  Point 

(u)  The  nominal  vehicle  design  represents  a  sound  choice  in  the  storage  system 
design  concept.  Other  storage  methods  such  as  the  use  of  slush  hydrogen, 
pressurant  venting,  shroud  cooling  and  propellant  utilization  systems  could 
give  performance  gainc  for  long-term  missions  but  only  at  the  expense  of 
added  complexity  and  cost.  The  sensitivity  of  the  nominal  design  to  the 
variations  considered  is  small  enough  that  itB  performance  will  not  be 
very  much  lower  than  that  of  a  vehicle  optimized  for  a  specific  mission. 


k.  New  Technology  Areas 

(U)  Since  the  propellant  storage  comparison  makes  use  of  devices  that  are  not 
yet  developed,  and  since  the  storability  of  the  cryogenic  vehicles  could 
be  improved  by  advanced  methods,  a  number  of  specific  areas  of  new  tech¬ 
nology  development  can  be  cited  as  being  of  importance. 

These  areas  are: 

1.  Thermodynamic  Venting  and  Thermal  Conditioning.  The  use  of  vented 
hydrogen  to  cool  the  fluorine  tank  requires  development  of  a  number 
of  devices  and  controls.  A  tradeoff  study  may  be  necessary  to 
determine  the  most  advantageous  method. 
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Maximum  Urrvented  Storage  Time 


Propellant  Utilization  System.  Methods  of  improving  the  measure¬ 
ment  of  instantaneous  tank  mixture  ratio  warrants  further  effort. 

Thermal  Isolation  of  Propellant  Tanks.  The  high  resistivity  value 
of  wall-to-tank  connections  used  in  this  study  depends  upon  the 
development  of  effective  propellant  line  heat  blocks.  Other  new 
methods  such  as  detachable  lines  could  improve  the  propellant 
storability. 

Reduction  of  Pressurant  Effects  in  Hydrogen  Tank.  The  vaporiza¬ 
tion  of  liquid  hydrogen  by  hot  pressurant  is  a  major  cause  of 
AV  loss  in  multiple  firing  missions.  Methods  of  reducing  these 
effects  should  be  investigated. 
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SECTION  VI 
(C)  CONCLUSIONS 

1.  Larger  launch  vehicles  such  as  growth  versions  of  Titan  III  and 
Saturn  IB  result  in  higher  optimum  gross  weights  for  the  MSPS  with 
corresponding  significantly  higher  maneuvering  Av  capabilities. 

2.  Larger  MSPS  payloads  result  in  higher  optimum  gross  weights  for  the  MSPS. 

3.  For  a  given  MSPS  payload  size,  a  single  MSPS  gross  weight  and  thrust 
level  may  be  selected  to  yield  near  optimum  (maximum)  orbital  Av 
npnbi  ities  with  each  of  the  launch  vehicles  considered. 

4.  A  compromise  MSPS  gross  weight  and  thrust  level  may  be  selected  which 
would  accommodate  either  the  2000-  or  3000  pound  payloads  with  a  small 
AV  penalty  for  each  payload. 

3.  For  most  cases  of  launch  vehicles  and  payloads,  the  ^V  gains  ob¬ 
tained  with  suborbital  firing  are  slight  (0  to  3  percent).  For  the 
nominal  Titan  III-C  and  Saturn  IB  launch  vehicles,  however,  the 
3000  pound  payload  LF2/IH2  MSPS  achieves  significant  increases  in 
^V  (14  percent)  with  uuborbital  burn  and  increased  gross  weight. 

6.  The  orbital  residence  time  of  the  LF2/LH2  MSPS  can  be  greatly  extended 
beyond  the  previous  14  day  requirement  with  only  slight  degragation 

of  performance. 

7.  Propulsion  systems  using  LF2/LH2  maintain  their  performance  superiority 
over  LO2/LH2  and  N204/N2H4-UDMH(50-50)  systems  for  orbital  storage 
periods  greater  than  2  years. 
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APH2NDIX  I 

MSPS  MISSION  TCRFOHMANCE  EXCHANGE  FACTORS 


(c)  Exchange  factors  to  determine  the  effect  of  variations  in  the  MSPS  inert 
weight  and  specific  impulse  are  presented  in  Fig.  119  and  in  Table  XLI. 
Inert  weight  gain  factors  for  the  various  MSPS  vs  gross  weights  are  shown 
in  Fig.  119.  For  the  36,000-pound  gross  weight  LF2/LH2  MSPS,  1  pound  of 
increased  structure  weight  costs  2.6  fps  of  AV  for  the  2000-pound  payload 
and  1.7  fps  of  A  V  for  the  3000-pound  payload.  The  32,000-pound  gross 
weight  LF2/IH2  MSPS  loses  2.3  fps  for  a  1-pound  increase  in  structure 
weight  with  the  2000-pound  payload,  and  1.6  fps  with  the  3000-pound  pay- 
load.  A  chart  of  AV/IS  gain  factors  is  shown  in  Table  XLI  for  the  two 
selected  MSPS  gross  weights  associated  with  each  launch  vehicle. 
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Effect  of  Structure  Weight  Change  on  AV  Capability 
for  2000-pound  and  5000-pound  Payloads 
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TABLE  XLI 

SPECIFIC  IMPULSE  GAIN  FACTORS 
(^V  in  ft/sec  per  second  of  Ig) 


Gross  Weight,  pounds 

36,000 

52,000 

Payload  Weight,  pounds  | 

2000 

5000 

2000 

5000 

Launch  Vehicle 

Nominal  Titan  III-C 

51.6 

38.5 

51.0 

39.8 

Titan  III-C  with 
7-Segment  120-inch 
solids 

56.7 

43.9 

55.6 

45.6 

Titan  III-C  with  3- 
Segment  136-inch 
solids 

58.9 

56.0 

61.6 

50.7 

Nominal  Saturn  I-B 

56.8 

43.9 

56.2 

45.4 

Saturn  I-B  with 
Minuteman  Strap-One 

58.8 

46.2 

59.9 

49.0 

C 
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APPENDIX  II 


A  SURVEY  OF  HIGH  PERFORMANCE 
THERMAL  INSULATION 

(U)  As  a  part  of  a  Maneuvering  Space  Propulsion  System  study,  the  physical  pro¬ 
perties  of  presently  available  types  of  high  performance  super  insulation 
were  reviewed.  Auxiliary  considerations  such  as  fabrication,  application, 
and  durability  were  also  considered.  The  use  of  the  various  insulations  in 
a  Maneuvering  Propulsion  System  is  discussed  and  insulation  designs  for 
cryogenic  and  storable  propellant  combinations  for  the  Maneuvering  Propul¬ 
sion  System  are  chosen. 

1.  PHYSICAL  PROPERTIES  OF  SUIRRINSULATIONS 

(u)  There  are  at  present  a  number  of  superinsulations  available.  The  most 
widely  used  types  are  made  up  of  multiple  layers  of  highly  reflective 
material  which  act  as  radiation  shields  and  which  may  be  separated  by  a 
low  conductivity  spacing  material.  The  designs  of  some  of  the  mo^t  pro¬ 
mising  superinsulations  are  shown  in  Table  XLII.  The  important  properties 
of  some  of  these  materials  are  given  in  Table  XLIII  for  application  at 
LF2,  L02>  an<*  ^2  temperatures  with  the  warm  side  at  400R  temperature; 
and  for  application  at  N2O4/N2H4  -  UDMH  temperatures. 

(U)  The  product  of  density  and  conductivity  given  in  Table  XLIII  is  a  measure 
of  the  actual  weight  of  insulation  necessary  to  reduce  the  heat  flux  to 
a  given  value. 
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TABLE  XLII 


DESIGN  OF  SUFERIN5ULATIONS 


(U)  Mylar  and  Paper 

The  Mylar  and  paper  insulation  is  composed  of  alternating  layers  of 
0.23-mil  Mylar,  aluminized  on  two  sides,  and  2.8-mil  Dexiglas  paper. 
Both  the  Mylar  and  paper  have  excellent  resistance  to  tearing,  Ref. 10. 


(U)  Foil  and  Paper 

The  foil  and  paper  insulation  is  similar  to  the  Mylar  and  paper  but 
uses  0.23  mil  aluminum  foil  in  place  of  the  Mylar.  The  foil  has  a 
tendency  to  tear  under  boost- type  loadings,  Ref.  10. 


(U)  NRC-2  Type 

NRC-2  is  made  up  of  layers  of  Mylar  which  have  been  aluminized  on 
one  side  and  crinkled  to  reduce  contact  points.  The  Mylar  resists 
tearing,  Ref.  10  and  11. 


(U)  Dimplar 

Dimplar  is  made  up  of  alternating  sheets  of  smooth  doubly  aluminized 
Mylar  and  dimpled  doubly  aluminized  Mylar.  The  Mylar  resists  tearing, 
Ref.  11  and  12. 


(U)  Linde 


The  Linde  superinsulation  is  made  of  alternating  layers  of  aluminum 
foil  and  fiber  spacers  and  has  good  resistance  to  tearing,  Ref.  13. 


TABLE 


FR0H2RTIES  OF  SUHSRINSULATION 


Insulation 

Conductivity 

Btu/f t-R-hr 

Density 

lb/ft5 

Product,, 

Btu-lb/ft- 

R-hr 

LHq  Tempera 

ture 

<  ! 

LMSC  Mylar  and  Paper 

0.75  x  10"5 

4.5 

3.4  x  10"5 

LMSC  Foil  and  Paper 

0.75  x  10~5 

5.7 

4.3  x  10"5 

NRC-2  Type 

2  x  10'5 

1.5 

3  x  10"5 

Dimplar 

4.0  x  10“  5 

1.0 

4.0  x  10-5 

Linde 

1  x  10"5 

7.5 

7.5  x  10"5 

LF0  -  LO^  Temp 

erature 

LMSC  Mylar  and  Paper 

1  x  10“5 

4.5 

4.5  x  10"5 

LMSC  Foil  and  Paper 

1  x  10" 5 

5.7 

5.7  x  10'5 

NRC-2  Type 

2.7  x  10“5 

1.5 

4  x  10"5 

Dimplar 

5.5  x  10‘5 

1.0 

5.5  x  10"5 

Linde 

1.5  x  10"5 

7.5 

11.3  x  lO"3 

N2°4^H4"UDMH(5 

o 

Ul 

o 

LMSC  Mylar  and  Paper 

3.5  x  10"5 

4.5 

1.6  x  10-4 

LMSC  Foil  and  Paper 

3.5  x  10'5 

'  5.7 

ro 

X 

♦— * 
o 

1 

Jr- 

NRC-2  Type 

3.5  x  10"5 

1.5 

0.53  x  10"4 

Dimplar 

9.9  x  10"5 

1.0 

0.99  x  10-4 

Linde 

4.5  x  10"5 

7.5 

3.4  x  10 

2‘ 


2.  FABRICATION  TECHNIQUES 

(u)  Present  design  considerations  (Ref.  10)  favor  insulation  which  easily 
removable.  Some  designs  require  fixed  insulation,  however,  the  fabrica¬ 
tion  of  fixed  insulation  is  dependent  upon  the  exact  design  and  will  not 
be  discussed  here.  Removable  insulation  can  be  fabricated  in  panels  which 
are  nearly  independent  of  vehicle  design.  These  panels  are  generally  made 
of  layers  of  superinsulation  fastened  to  a  fabric  backing. 

(U)  The  two  presently  accepted  (Ref.  10)  methods  of  attaching  the  multilayer 
insulation  to  the  backing  ore  button-type  with  nylon  thread  or  teflon 
studs  and  shingle  type  with  glued  ends  (Fig.  120).  The  nylon  thread  has 
lower  thermal  conductance  but  for  thick  insulations  the  teflon  stud  gives 
better  structural  integrity.  The  end  glued  layers  have  higher  conductivity 
than  the  button  method. 


SHINGLE  ATTACHMENT 


SUTTON  ATTACHMENT 


Figure  120.  Methods  of  Attachment 


(u)  The  panels  can  be  fastened  to  the  tank  by  Velcro  Fasteners  to  insure  ease 
of  removal.  One  half  the  fastener  is  attached  to  the  wall  and  the  other 
half  is  sewn  to  the  panel  backing.  The  use  of  Velcro  fasteners  is  illus¬ 
trated  in  Fig.  121. 

3.  INSTALLATION  TECHNIQUES 

(u)  The  major  criteria  in  the  choice  of  the  installation  method  for  high  per¬ 
formance  insulation  are  given  in  Table  XLIV  (Ref.  ll).  The  weighting 
given  to  each  of  the  design  considerations  depends  upon  the  propellants, 
thermal  environment,  mission  and  mission  duration. 


TABLE  XLIV 


/ 


I 


DESIGN  REQUIREMENTS 


1.  Allow  leak  checking  of  tank. 

2.  Minimize  boiloff  during  ground  hold. 

3.  Eliminate  liquefaction  of  air  during  ground  hold. 

4.  Avoid  condensation  of  water  on  insulation. 

3.  Minimize  consumption  of  helium. 

6.  Provide  thermal  protection  during  boost. 

7.  Withstand  rapid  depressurization. 

8.  Allow  rapid  degassing. 

9.  Resist  degrading  effects  of  leaks. 

10.  Provide  thermal  protection  in  space. 


Press  to  fasten, 

,  peel  to  remove. 

■Double  Aluminized  Mylar  (Fasteners  are  reusable.) 


Matching  Parts  of  Stainless 
Velcro  Fasteners 


Aclar  Tabs 


Velcro  Attachment 
to  Structure  and 
Blanket  1  to  2 
ard  2  to  3 


mm 

Structure 
Staggered  Butt  Joints 


Figure  121.  Cross  Section  of  Three  Installed  Button  Blankets 
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(U)  Some  designs  based  upon  these  criteria  are  shown  in  Fig.  122  (Ref.  11); 
the  way  in  which  the  designs  meet  the  criteria  is  given  in  Table  XLV. 

Since  some  of  the  designs  use  a  substrate  material  (Fiberglass  felt  batting 
in  the  examples) ,  the  properties  of  some  of  the  materials  presently  in  use 
as  substrates  are  given  in  Table  XLVI  (Ref.  10  and  ll). 

4.  INSULATION  AT  PENETRATIONS 

(u)  There  are  two  presently  accepted  methods  of  joining  tank  insulation  to  the 
insulation  around  fittings  entering  or  attached  to  the  tank.  The  first, 
which  gives  performance  equal  to  that  of  unbroken  insulation,  is  to  weave 
the  two  insulations  together  layer  by  layer.  The  second  method  is  to  butt 
both  insulations  to  a  low  conductivity  collar  surrounding  the  pipe.  This 
type  of  installation  allows  about  twice  the  heat  flux  of  the  woven  type  but 
is  simpler  to  fabricate.  The  heat  flux  of  both  types  is  generally  much 
smaller  than  the  heat  flux  through  the  penetration  (pipe  or  support)  itself. 

5.  USE  OF  HIGH-PERFORMANCE  INSULATION  IN  A  MSPS 

(u)  Although  a  complete  optimization  of  a  high-performance  insulation  system 
for  a  Maneuvering  Space  Propulsion  System  would  include  a  wide  variety  of 
mission  and  cost  effects,  a  representative  system  can  be  chosen  which, 
thermally,  would  perform  almost  identically  to  an  optimum  system.  The 
weight  and  cost  of  the  chosen  system  might  vary  from  those  of  an  optimum 
system,  but  the  weight  variation  should  be  minor. 

a.  Cryogenic  Propellants 

(u)  In  choosing  an  insulation  design  for  the  maneuvering  propulsion  application, 
some  of  the  criteria  shown  in  Table  XLIV  can  be  de-emphasized.  In  particular, 
the  requirements  of  minimizing  boiloff  and  of  conserving  helium  can  be 
minimized  by  using  closed  recirculating  systems  and  short  ground  hold  times. 
The  use  of  helium  purge  without  a  substrate  or  complicated  sealing  system 
provides  the  lightest  design  to  prevent  liquefaction  of  air  and  condensa¬ 
tion  of  water  on  the  tanks.  Thermal  protection  during  boost,  while  im¬ 
portant  for  short  duration  missions,  can  be  de-emphasized  for  long  term 
missions.  The  last  four  design  requirements  of  the  table  are  met  by  all 
the  superinsulations  considered. 

(u)  Some  additional  considerations  can  also  be  added  to  the  basic  requirements. 

The  first  of  these  is  ease  of  installation.  Panel  type  construction  is 
probably  the  most  easily  installed  and  also  meets  design  requirements  of 
leak  checking.  The  stud  construction  of  the  panel  type  fulfills  another 
consideration  -  that  of  structural  integrity.  This  consideration  also 
favors  tank  mounting  over  shroud  mounting. 

(u)  The  design  system  chosen  based  upon  the  design  requirements  and  considera¬ 
tions  discussed  is  System  E  of  Fig.  122,  with  NRC-2  type  insulation  and  no 
substrate.  The  entire  vehicle  is  purged  with  helium  while  on  the  ground. 
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TABLE  XLVI 


o 


SUBSTRATE  MATERIAL  PROPERTIES 


Substrate 

Conductivity, 

Btu/ft-R-hr 

Density, 

lb/ft5 

1 

LH2  Temperatures 

i 

Helium  Filled  Fiberglass 

Felt  Batting 

0.015 

0.5  to  4 

Neon  Filled  Fiberglas 

Felt  Batting 

0.01 

0.5  to  4 

Nitrogen  Filled  Fiberglas 

Felt  Batting 

0.001  to  0.13 

0.5  to  4 

Cryopumped  Polyurethane 

Foam 

0.0015  to  0.0025 

2  to  4 

lf2-lo2  1 

'emperatures 

Helium  Filled  Fiberglas 

Felt  Batting 

0.04 

0.5  to  4 

Neon  Filled  Fiberglas 

Felt  Batting 

0.015 

0.5  to  4 

Nitrogen  Filled  Fiberglas 

Felt  Batting 

0.001  to  0.13 

0.5  to  4 

Cryopumped  Polyurethane 

Foam 

0.005  to  0.007 

2  to  4 

The  NRC-2  type  insulation  was  chosen  because  of  its  low  p  k  product,  how¬ 
ever  several  of  the  other  insulations  would  have  comparable  weight  for  the 
same  thermal  protection. 

(U)  The  selected  method  of  fastening  the  insulation  to  the  tank  walls  is 
described  in  Fig.  121.  The  panels  of  removable  superinsulation  are 
attached  to  the  Dacron  fabric  backing  with  nylon  threads.  These  panels 
are  fastened  to  the  tank  by  velcro  fasteners  for  ease  of  removal.  One 
half  of  the  fastener  is  attached  to  the  tank  wall  and  the  other  half  is 
sewn  to  the  panel  backing. 

b.  Earth  Storable  Propellants 

(u)  Earth  storable  propellants,  when  used  in  a  space  environment,  may  need 
insulation  to  prevent  freezing.  The  design  requirements  of  Table  XLIV 
that  pertain  to  ground  hold  can  be  eliminated  for  the  earth  storable  pro¬ 
pellants.  Since  the  propellants  are  at  ambient  temperature,  there  can 
be  no  boiloff,  air  liquefaction  or  water  condensation.  Also,  since  the 
vehicle  skin  temperature  can  be  kept  close  to  the  propellant  temperature, 
the  rapid  degassing  properties  of  helium  are  not  necessary  and  the  helium 
purge  can  be  eliminated. 

(U)  As  with  the  cryogenics,  the  panel  type  construction  mounted  on  the  tank 
appears  to  be  preferable  to  other  designs  and  the  NRC-2  type  insulation 
should  provide  the  lightest  system.  The  design  chosen  is  similar  to  that 
of  System  E  of  Fig.  122  without  the  helium  purge  gaB. 
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APPENDIX  III 
INTERNAL  HEATING  EFFECTS 

1.  UNVENTED  STORAGE 

(u)  For  unvented  storage  the  propellants  (liquid  and  vapor)  fill  the  entire 
tank  and  have  a  constant  mass.  Therefore,  the  thermodynamic  process 
followed  by  the  propellant  in  a  tank  undergoing  heat  input  is  a  constant- 
density  process.  This  process  can  be  analyzed  with  the  use  of  a  tempera¬ 
ture-entropy  (T-S)  diagram  using  lines  of  constant  density,  constant 
enthalpy,  and  constant  pressure. 

(u)  As  the  heat  is  input  to  the  tank,  the  enthalpy  of  the  tank  and  its  con¬ 
tents  increases  by  an  amount  equal  to  the  heat  input.  If  the  heat  is  con¬ 
sidered  to  be  distributed  uniformly  throughout  the  tank,  the  temperature 
and  pressure  in  the  tank  can  be  found  directly.  For  example,  if  the  only 
content  of  the  tank  is  propellant,  the  temperature  and  pressure  after  a 
particular  heat  addition'by  external  sources  can  be  found  by  moving  along 
a  constant  density  line  from  the  initial  temperature,  pressure  and  enthalpy 
to  the  new  enthalpy,  which  is  simply  the  sum  of  the  initial  enthalpy  and 
the  heat  input.  The  new  temperature  and  pressure  can  then  be  read  directly 
from  the  chart. 

(u)  If  there  are  other  gases  or  liquids  present  in  the  tank,  the  heat  input  is 
divided  among  the  tank  and  its  contents,  raising  the  enthalpies  of  all. 

In  this  case,  an  iterative  procedure  is  necessary  to  calculate  the  final 
enthalpy  of  the  tank  and  the  contents,  such  that  the  final  temperature  of 
each  is  the  same  and  the  change  in  total  enthalpy  in  the  tank  iB  equal  to 
the  heat  input. 

(U)  The  problem  of  calculating  the  tank  pressure,  propellant  vapor  pressure, 
and  amount  of  propellant  vaporized  for  a  given  heat  input  by  external 
sources  can  be  separated  into  two  parts:  The  calculation  of  the  initial 
conditions;  density,  temperature,  enthalpy,  before  heat  input  occurs;  and 
the  analysis  of  the  constant  density  process  from  these  initial  conditions. 

(u)  The  conditions  that  exist  before  the  constant-density  heat  addition  process 
can  be  calculated  by  an  energy  and  mass  balance  within  the  tank.  This 
balance  must  take  into  account  the  previous  history  of  the  tank,  including 

1.  All  previous  heat  input  by  external  sources 

2.  All  heat  and  mass  input  by  prepressurants 

3.  All  heat  and  mass  input  by  pressurants 

4.  All  heat  and  mass  removal  by  venting  or  propellant  burn. 

The  following  assumptions  are  necessary  for  the  energy  balance: 

1.  The  tank  comes  to  complete  temperature  equilibrium,  there  is  no 
temperature  stratification, 

2.  The  tank  comes  to  equilibrium  so  quickly  that  there  is  no  heat 
input  to  the  tank  from  external  sources  during  the  process. 

3.  There  is  no  heat  or  mass  loss  from  the  tank  during  the  process. 


(U)  After  the  initial  conditions  have  been  found,  the  conditions  in  the  tank, 
at  any  stage  of  storage  having  heat  input  only  by  radiation  or  conduction, 
can  be  calculated  as  a  series  of  equilibrium  stages.  As  heat  is  input, 
the  propellant  (liquid  and  vapor)  undergoes  a  constant  density  process 
(i.e.,  total  tank  volume  and  mass  of  propellant  remain  constant  even 
though  the  volume  and  mass  of  either  the  liquid  or  vapor  portions  may  change). 
Any  pressurant  gases,  however,  do  not  have  a  constant  volume  and  so  do  not 
have  a  constant  density.  Since  the  heat  addition  has  been  assumed  to  occur 
in  a  series  of  equilibrium  stages,  the  enthalpy,  hp,  of  the  propellant  can 
be  calculated  at  any  later  time  from  the  conditions  at  the  equilibrium 
starting  point.  An  iteration  must  be  made  to  obtain  the  energy  division 
between  the  various  constituents.  To  calculate  the  total  pressure,  the 
partial  pressures  of  all  the  gases  within  the  tank  must  be  known.  The 
pressure  of  the  propellant  vapor  is  known  from  the  point  on  the  T-S  diagram. 
However,  since  the  densities  of  the  other  gases  are  not  constant  and  are 
not  at  saturation,  the  pressures  must  be  calculated.  This  can  be  done  by 
finding  the  volume  occupied  by  the  gases.  Since  all  the  gases  occupy  the 
same  volume  and  have  the  same  temperature  and  since  the  weight  of  each  is 
known,  the  densities  and  pressures  can  be  calculated. 

2.  VENTED  STORAGE 

(U)  Vented  storage  differs  from  unvented  storage  in  the  thermodynamic  process 
followed  by  the  propellant.  In  vented  storage,  the  propellant  has  nearly 
constant  temperature  and  pressure.  The  vapor  pressure  may  change  in  vented 
storage  if  gases  other  than  propellant  vapor  are  present.  This  change 
occurs  because  venting  depends  upon  the  total  tank  pressure,  which  is  the 
sum  of  the  partial  pressures  of  all  the  gases  in  the  tank.  The  calculation 
of  the  equilibrium  conditions  after  a  firing  is  more  difficult  than  for  the 
equivalent  unvented  case. 

(U)  As  heat  is  input  to  the  tank,  liquid  is  vaporized  and  gases  are  vented. 

The  amount  of  vaporization  is  determined  by  the  heat  of  vaporization  of 
the  liquid  at  the  tank  temperature.  If  there  are  other  gases  in  the  tank, 
the  partial  pressure  of  these  gases  will  decrease,  (because  some  are  vented 

and  because  the  liquid  volume  decreases).  The  vapor  pressure  of  the  liquid 

must  increase  to  open  the  vent  valve,  therefore  the  temperature  must  in¬ 
crease.  This  process  can  be  approximated  by  a  series  of  constant  density 
heat  inputs  and  adiabatic  expansions.  The  calculation  again  consists  of 
the  two  steps:  (l)  finding  the  initial  conditions,  and  (2)  finding  the 
subsequent  path  from  these  initial  conditions.  A  perfect  liquid-vapor 
separator  for  venting  is  assumed. 

(U)  The  conditions  that  exist  following  venting  but  before  the  constant-density 
heat  addition  process  cannot  be  calculated  by  an  energy  and  mass  balance 
because  some  of  the  energy  and  mass  were  vented  to  space.  However,  by 
making  some  assumptions,  such  a  balance  can  be  used  as  a  step  in  finding 

the  initial  conditions.  The  assumptions  which  are  necessary  for  performing 

the  calculations  are: 


The  vent  valve  opens  immediately  upon  reaching  the  vent  pressure. 

There  is  no  heat  input  from  external  sources  during  the  decay 
process. 

All  venting  is  adiabatic. 

Again,  the  previous  history  of  the  tank  must  be  considered  as  an  input  to 
the  calculations. 

The  calculations  involved  in  the  vented  storage  for  finding  the  equilibrium 
conditions  are  the  same  as  for  the  unvented  case  with  the  initial  densities 
and  enthalpies  of  the  gases  reduced  by  the  adiabatic  expansion  to  the  re¬ 
duced  tank  pressure.  Actually  the  tank  pressure  fluctuates  between  a  mini¬ 
mum  and  a  maximum  which  are  determined  by  the  vent  valve  settings.  Since 
the  initial  densities  (and  therefore  weights)  of  the  gases  are  now  known, 
the  tank  can  be  allowed  to  come  to  equilibrium  as  in  unvented  storage. 

The  propellant  will  then  follow  a  constant-density  process  until  its  vapor 
pressure  is  high  enough  to  bring  the  total  pressure  to  the  vent  pressure. 
Venting  will  then  occur  reducing  the  tank  pressure  to  the  minimum  pressure 
(the  pressure  at  which  the  vent  valve  closes). 


3.  FHESSUMNT  GAS  HEAT  INPUT 

(u)  To  find  the  effect  of  the  heat  input  by  the  pressurants,  an  energy  balance 
must  be  performed.  Basically,  the  method  assumes  that  the  materials  within 
a  propellant  tank  come  to  uniform  equilibrium  instantaneously  after  a 
firing.  The  method  of  finding  this  equilibrium  state  depends  upon  whether 
the  tank  is  vented  or  unvented.  However,  both  methods  depend  upon  the  con¬ 
servation  of  mass  and  energy.  For  the  energy  balance  calculations,  the 
previous  history  of  the  tank  must  be  considered;  therefore,  the  heat  inputs 
from  external  sources  prior  to  a  firing  must  be  included  in  the  calcula¬ 
tion.  The  effects  of  external  and  internal  heat  sources  therefore  are  not 
additive,  but  interact  to  make  each  possible  duty  cycle  a  separate  case. 

The  details  of  the  energy  balance  calculations  are  described  in  the  dis¬ 
cussion  of  the  unvented  storage  method. 
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APPENDIX  IV 


THERMAL  HEAT  SHORT  ANALYSIS  FOR  THE  LF2/LH2  VEHICLE 

(U)  The  heat  conduction  paths  from  the  vehicle  wall  to  the  propellant  tanks 
are  the  feed,  fill  and  vent  propellant  transfer  lines  and  the  supports 
holding  the  tanks  in  position.  By  varying  the  material,  length  and  area 
of  these  wall-to-tank  connections,  a  variety  of  thermal  resistances  can 
be  found.  Several  designs  and  their  corresponding  thermal  resistances 
are  discussed  here  and  variations  of  these  designs  are  suggested  to  obtain 
higher  resistance.  The  design  chosen  in  Ref.  4  is  also  included. 

(u)  The  supports  for  all  the  designs  are  the  same,  hollow  fiberglass  tubes 

1.5  inches  in  diameter  with  a  0.003-inch  wall.  The  supports  of  the  oxidizer 
tank  are  9.1  inches  long;  those  of  the  hydrogen  tank  are  16.25  inches  long. 

(u)  The  various  heat  leak  models  are  compared  for  the  line  lengths,  conductivi¬ 
ties,  cross-sectional  areas,  diameters,  wall  thicknesses,  and  thermal  re¬ 
sistance  in  Tables  XLVII  through  L.  Differences  in  thermal  conductivities 
reflect  different  references;  those  used  in  this  study  are  averaged  from 
the  integrated  values  given  in  WADD  60-56. 

(U)  Model  A  has  aluminum  propellant  lines  for  compatibility  with  the  aluminum 
tanks.  The  lines  are  assumed  to  be  empty  of  propellants. 

(U)  Model  B  is  the  design  generated  for  Ref.  4.  The  propellant  lines  are  of 
stainless  steel  and  the  hydrogen  line  has  a  fiberglass  and  stainless  steel 
heat  block.  The  lines  contain  liquid  and  vapor. 

(U)  Model  C  is  the  design  selected  to  determine  the  heating  rates  used  in  the 
analysis.  The  design  is  similar  to  Model  B  but  some  of  the  line  sizes  and 
lengths  have  been  changed  because  of  the  final  stage  design  analysis  pre¬ 
sented  in  Ref.  4. 

(u)  Model  D  is  similar  to  Model  C  with  several  design  changes  made  to  improve 
the  thermal  resistance.  The  major  change  is  the  disconnecting  of  the  fill 
line  before  launch. 

(u)  Those  lines  which  contain  heat  blocks  may  be  of  either  aluminum  or  stain¬ 
less  steel  since  the  line  above  the  heat  block  is  liquid  filled.  The  heat 
block  itself  is  vapor  filled.  The  lines  above  the  heat  blocks  are  assumed 
to  be  insulated  against  radiation  from  the  walls. 


TABLE  XLVII 


FEED  LINES 


Model 

A 

B 

c 

D 

Hydro 

;en  Tank 

Material 

Aluminum 

Heat  Block 

Heat  Block 

Heat  Block 

Length,  feet 

2.3 

0.5 

1.0 

2.0 

Diameter,  inches 

3.0 

3.0 

3.0 

3.0 

Wall,  inches 

0.03 

0.01 

0.01 

0.01 

Thermal  Conductivity, 

140.0 

8.0 

5.6 

5.6 

Btu/hr-R-ft 

Resistivity,  hr-R/Btu 

7.8 

160.0 

440.0 

880.0 

Oxidi; 

ser  Tank 

Material 

Aluminum 

Stainless 

Heat  Block 

Heat  Block 

Length,  feet 

14.0 

1.0 

1.0 

2.0 

Diameter,  inches 

3.0 

3.0 

3.0 

3.0 

Wall,  inches 

0.03 

0.03 

0.01 

0.01 

Thermal  Conductivity, 

120.0 

8.0 

5.6 

5.6 

Btu/hr-R-ft 

Resistivity,  hr-R/Btu 

56.0 

60.0 

640.0 

1280.0 
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TABLE  XLVIII 


VENT  LINES 


Model 

A 

B 

C 

D 

Hydroi 

;en  Tank 

Material 

Aluminum 

Stainless 

Stainless 

Stainless 

Length,  feet 

3.0 

2.0 

3.0 

6.0 

Diameter,  inches 

3.0 

2.0 

2.0 

1.0 

Wall,  inches 

0.03 

0.03 

0.02 

0.02 

Thermal  Conductivity, 

140.0 

8.0 

5.6 

5.6 

Btu/hr-R-f t 

Resistivity,  hr-R/Btu 

10.2 

160.0 

600.0 

2400.0 

Oxid 

.zer  Tank 

Material 

Aluminum 

Stainless 

Stainless 

Stainless 

Length,  feet 

2.0 

1.25 

2.0 

4.0 

Diameter,  inches 

3.0 

2.0 

2.0 

1.0 

Wall,  inches 

0.03 

0.03 

0.02 

0.02 

Thermal  Conductivity, 

120. C 

8.0 

5.6 

5.6 

Btu/hr-R-f t 

Resistivity,  hr-R/Btu 

8.0 

120.0 

400.0 

1600.0 

TABLE  XL IX 


FILL  LINES 


Model 


Material 

Length,  feet 

Diameter,  inches 

Wall,  inches 

Thermal  Conductivity, 
Btu/hr-R-ft 

Resistivity,  hr-R/Btu 


Material 

Length,  feet 

Diameter,  inches 

Wall,  inches 

Thermal  Conductivity, 
Btu/hr-R-ft 

Resistivity,  hr-R/Btu 


Hydrogen  Tank 


Aluminum 

1.0 

3.0 

0.03 

140.0 


Stainless 

1.0 

3.0 

0.03 

8.0 

60.0 


Oxidizer  Tank 


Stainless 

1.0 

2.0 

0.02 

5.6 

200.0 


Aluminum 

Stainless 

Stainless 

1.0 

1.0 

1.0 

3.0 

3.0 

2.0 

0.03 

0.03 

0.02 

120.0 

8.0 

5.6 

4.0 

i 

60.0 

200.0 

Detached 


Detached 


.  j 


TABU!  L 


TOTAL  THEBMAL  RESISTIVITY 
(HR-R/BTU) 


el 

Hydrogen  Tank 

Fluorine  Tank 

2.0 

2.5 

30.0 

36.0 

115.0 

115.0 

640.0 

640.0 
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APPENDIX  V 


TEMPERATURE  CONTROL  SURFACES  FOR  USE 
IN  EARTH  ORBITAL  ENVIRONMENT 


(u)  One  of  the  major  parameters  in  the  thermal  analysis  of  a  Maneuvering  Space  . 
Propulsion  System  is  the  ratio  of  the  solar  absorptivity  to  infrared  emis- 
sivity  (a/c)  of  the  vehicle  outer  wall.  A  variety  of  outer  wall  coatings 
is  available  (Ref.  12  and  14)  to  provide  almost  any  o/c  surface.  The 
radiative  properties  of  a  number  of  these  materials  are  reviewed  in  order 
to  provide  a  basis  for  the  design  choices  presented  in  this  report. 

(u)  The  material  chosen  for  the  outer  wall  coating  of  a  Maneuvering  Space  Pro¬ 
pulsion  System  must  be  compatible  with  the  aluminum  wall  material,  must 
withstand  boost  phase  heating  and  abrasion,  must  be  unaffected  by  a  wide 
temperature  range  in  space,  and  must  remain  useful  after  long-term  exposure 
to  electromagnetic  and  particle  radiation  effects  in  space. 


(U)  A  number  of  materials  which  appear  to  meet  these  requirements  (Ref.  12  and 

14)  are  listed  in  Table  LI  with  their  ratio  of  solav  absorptivity  to  infrared 
emissivity  (a/t).  The  o/c  value  shown  is  the  value  measured  after  the 
materials  were  exposed  to  a  simulated  space  environment  including  exposure 
to  ultraviolet  radiation. 

(U)  Using  these  coatings  or  a  combination  of  them,  any  o/c  value  between  0.185 
and  6.0  can  be  obtained.  By  covering  different  fractions  of  a  vehicle's 
surface  with  two  or  more  of  these  coatings,  almost  any  desired  outer  wall 
temperature  within  the  range  340  R  to  800  R  can  be  obtained  in  near-Earth 
orbit. 


847 


TABLE  LI 


RADIATION  PROPERTIES  OF  COATINGS 

Ratio  of  Solar  Absorptivity 
Wall  Coating  to  Infrared  Emissivity 


Gold  on  Magnesium 

6.0 

Mystik  Tape 

2.4 

Black  Kemacryl 

1.03 

Aluminum  Paint 

0.85 

White  Kemacryl 

0.31 

LMSC  Ematal  (KgY.OfC^),,) 

0.65 

IMSC  Lithafrax 

0.32 

LMSC  Ultrox 

0.22 

LMSC  Synthetic,  li  A1  Si  04 

0.29 

RTD  Anodized  Aluminum 

0.37 

W1SC  Thermatrol  6A-100  Silicone 

0.28 

American  Cyanamid  S7094-3 

0.31 

American  Cynamid  S7094-4 

0.34 

MANE  Ti  0,j  -  Acrylic 

0.39 

IITRI  Z-93 

0.20 

IITRI  S-13 

0.23 

DAC  Ti  02  Epoxy 

0.22 

DAC  White  Porcelain  Enamel 

0.21 

DAC  Synthetic  Spodumene  in  Sodium  Silicate 

0.20 

DAC  Zinc  Oxide  in  Potassium  Silicate 

0.19 

DAC  Zirconium  Silicate  in  Potassium  Silicate 

0.185 
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APPENDIX  VI 

SE1£CTI0N  OF  HYDROGEN  PHESSURANT 
INJECTION  TEMPERATURE 

Subsequent  to  the  completion  of  the  study  of  Ref.  4  an  error  in  the  calcu¬ 
lated  heat  content  of  the  expulsion  pressurant  gases  was  noted.  The  actual 
heat  content  of  the  expulsion  pressurant  is  greater  than  originally  pre¬ 
dicted  by  a  factor  of  about  2  and  1.4  for  the  Iify  and  LF2  pressurants, 
respectively.  These  factors  are  equal  to  the  respective  collapse  factors 
for  each  tank.  The  computer  program  which  was  used  to  evaluate  the  tank 
pressure  histories  during  coast  failed  to  account  for  the  additional  heat 
transfer  into  the  propellants  as  reflected  b>  the  collapse  factors.  In 
other  words,  while  the  pressurant  requirements  were  properly  calculated 
based  on  the  appropriate  collapse  factor,  the  heat  content  of  the  pressurant 

was  based  on  a  collapse  factor  of  1  for  each  tank.  Consequently,  a  correct 

accounting  of  the  pressurant  heat  content  results  in  higher  heat  transfer 
into  the  propellant  as  the  gases  are  cooled  subsequent  to  an  engine  burn 
phase  than  initially  calculated.  This  results  in  more  propellant  evapora¬ 
tion  and  higher  tank  pressures  during  the  coast  phase  for  the  90/10  duty 
cycle 

The  above  error  was  corrected  in  the  program  and  the  most  thermally  critical 
duty  cycle  was  re-evaluated.  The  duty  cycle  chosen  was  the  90/10  cycle 

with  a  payload  to  5000  pounds.  In  this  duty  cycle,  90  percent  of  the  pro¬ 

pellant  is  used  immediately  after  the  vehicle  reaches  orbit.  Following  a 
14-day  coast,  the  remaining  propellant  is  then  used.  The  5000  pound  pay- 
load  was  used  instead  of  2000  pounds  since  the  propellant  load  is  lowest 
for  the  5000  pound  payload  case.  This  results  in  a  higher  heat  input  per 
pound  of  propellant  than  for  the  2000  pound  payload  vehicle. 

The  initial  re-evaluation  was  for  the  final  configuration  of  the  vehicle 
described  in  Ref.  4.  This  vehicle  used  25  sheets  of  NRC-2  insulation  on 
the  LHg  tank  and  60  sheets  on  the  LF„ tank.  The  pressurant  inlet  tempera¬ 
tures  were  1000  R  and  500  R  for  the  LHg  and  LF„  tanks,  respectively. 

Nominal  effective  thermal  resistivities  of  44  H/Btu  for  the  LHg  tank  and 
34  R/Btu  for  the  LF^  tank  were  used  in  this  and  subsequent  calculations. 

A  re-analysis  of  this  vehicle  with  the  corrected  pressurant  heat  content 
revealed  that  the  hydrogen  tank  had  to  be  vented  during  the  14-day  coast 
while  the  LFg  tank  did  not.  Therefore,  subsequent  analysis  was  restricted 
to  determining  the  combination  of  insulation  thickness  and  pressurant  in¬ 
let  temperature  which  would  allow  the  90/10  mission  to  be  flown  over  a 
14-day  period  without  venting. 

Figure  123  is  a  plot  of  total  LHg  boiloff  due  to  orbit  heating  and/or 
propellant  conditioning  prior  to  the  last  burn  as  a  function  of  pressurant 
inlet  temperature.  These  curves  were  based  on  a  collapse  factor  variation 
with  temperature  as  defined  in  Vol.  Ill  of  Ref.  4.  It  can  be  seen  from 
these  curves  that  boiloff  cannot  be  prevented  with  up  to  180  sheets  of 
insulation  at  an  inlet  temperature  of  1000  R.  Additional  sheets  would  not 
prevent  venting  since  the  predominant  heat  load  into  the  propellant  comes 
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from  the  pressurant  gases  and  not  from  the  vehicle  sidewall  as  the  insula¬ 
tion  is  increased.  It  is  apparent  from  Fig.  123  that  the  only  practical 
way  of  further  reducing  the  heat  transfer  into  the  LHg  is  to  reduce  the 
pressurant  inlet  temperature. 

(U)  To  determine  the  optimum  pressurant  inlet  temperature  for  the  LHp  tank, 

the  vehicle  performance  was  plotted  as  a  function  of  pressurant  temperature. 
This  plot  is  shown  in  Fig.  124.  By  crossplotting  the  no-vent  (or  no 
boiloff)  conditions  of  Fig.  123  on  Fig.  124,  a  no-vent  region  may  be  gener¬ 
ated  as  shown  in  Fig.  124.  From  the  envelope  of  this  region,  an  optimum 
pressurant  temperature  of  about  173  R  to  200  R  is  established  in  conjunction 
with  100  to  120  sheets  of  insulation.  It  is  interesting  to  note  the  rela¬ 
tive  insensitivity  of  vehicle  performance  with  variation  in  temperature  and 
amount  of  insulation.  Also,  it  is  noteworthy  that  slightly  higher  per¬ 
formance  may  be  achieved  if  venting  was  allowed. 

(U)  The  possibility  of  cooling  the  hydrogen  gas  from  1000  R  to  200  R  by  em¬ 
ploying  a  heat  exchanger  in  the  Iiig  inlet  line  at  a  point  downstream  of 
the  turbopump  was  discussed  in  Ref 7  4.  This  approach  appears  feasible  and 
it  should  be  possible  to  obtain  gaseous  hydrogen  from  the  engine  system 
at  200  R  for  tank  pressurization. 
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Tank  Pressure  =  70  psia 
Hydrogen  Tank  Ullage  *  7  percent 
Fluorine  Tank  Ullage  =  5  percent 
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Figure  123.  Effects  of  Hydrogen  Pressurant  Temperature  and  Insulation  on  Hydrogen  Boiloff  for  90/10  Duty  Cycle 


Hydrogen  Tank  Pressurant  Inlet  Temperature  and  Insulation  Optimization,  90/10  Duty  Cycle 


APHSNDIX  VII 


THERMAL  CONDITIONING  SYSTEM 

(U)  Direct  venting  of  the  propellant  ullage  in  low-g  environments  leads  to 
loss  of  helium  pressurant  gas  and  excessive  loss  of  liquid  hydrogen  by 
entrainment.  Such  losses  can  be  reduced  and  effective  tank  pressure  con¬ 
trol  realized  if  liquid  hydrogen  is  withdrawn  from  the  tank,  expanded, 
and  then  vaporized  by  extracting  heat  from  the  bulk  propellant. 

(U)  The  basic  function  of  the  liquid  propellant  thermal  conditioning  system 
is  to  maintain  positive  pressure  control  in  the  liquid  hydrogen  tank 
during  low-g  coast  periods  in  space  flight  when  location  of  the  gas 
ullage  region  is  somewhat  uncertain.  This  positive  control  is  accomplished 
through  the  combined  use  of  three  and  possibly  four  basic  hardware  units: 

Liquid  removal  unit 

Expansion  unit 

Heat  exchanger  unit 

Mixer  unit 


(u)  The  liquid  removal  unit  provides  a  sufficient  mass  transfer  rate  of  liquid 
hydrogen  to  the  expansion  unit  and  heat  exchanger  so  that  the  total  enthalpy 
change  results  in  adequate  heat  removal  from  the  propellant.  Since  the 
volumetric  ratio  of  saturated  vapor  to  liquid  hydrogen  is  43  (at  a  liquid 
hydrogen  temperature  of  37.7  R),  the  thermal  conditioning  system  must  have 
a  liquid  removal  unit  design  for  providing  liquid  in  a  near  zero-g  environ¬ 
ment.  Use  of  a  single  phase  liquid  hydrogen  during  venting  prevents  loss 
of  the  helium  pressurant  gas. 

(U)  The  expansion  unit  lowers  the  pressure  of  the  incoming  liquid,  subcooling 
it  below  the  bulk  temperature  of  the  remaining  liquid  in  the  tank.  This 
temperature  drop  provides  the  necessary  thermal  driving  potential  for 
operation  of  the  heat  exchanger. 

(u)  The  heat  exchanger  unit  may  be  located  inside  the  tank  or  on  the  tank  wall. 
By  warming  and  converting  the  subcooled  liquid  to  a  saturated  or  super¬ 
heated  vapor,  heat  may  be  removed  or  intercepted.  More  than  one  heat  ex¬ 
changer  may  be  connected  in  series  and  located  at  various  tank  hot  spots. 

(u)  A  mixer  unit  may  be  required;  specifically  if  the  thermal  conditioning 
system  employs  a  compact  heat  exchanger  located  in  the  propellant  tank. 

Since  gravity-forced  convection  is  absent  at  zero-g,  heat  transfer  would 
be  limited  to  the  conduction  mode.  Consequently,  fluid  currents  should  be 
made  to  flow  over  the  heat  exchanger  to  increase  the  heat  transfer  rates 
by  forced  convection  and  maintain  positive  pressure  control  throughout 
the  tank.  It  is  also  possible  that  cooled  propellant  drawn  throughout 
the  heat  exchanger  and  discharged  along  the  tank  walls  may  effect  suppres¬ 
sion  of  vapor  bubbles  formation  by  ensuring  a  sufficiently  large  heat 
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transfer  coefficient  to  remove,  by  forced  convection,  all  heat  entering 
through  the  tank  wall.  In  the  event  that  bubbles  are  generated  on  the 
tank  wall  at  points  of  high  local  heating  the  mixer  will  serve  to  aid  in 
the  removal  or  detachment  of  vapor  bubbles  from  the  wall. 

(U)  On  the  basis  of  these  system  functional  requirements,  a  number  of  liquid 
propellant  thermal  conditioning  system  concepts  have  been  defined,  to  pro¬ 
vide  a  basis  for  component  parametric  data  development  and  component  match¬ 
ing  requirements.  These  concepts  are  shown  in  Fig.  125.  In  some,  a  capil¬ 
lary  standpipe  is  used  to  position  the  liquid  so  that  it  always  covers  the 
inlet  tube  to  the  expansion  valve.  This  component  can  be  used  with  either 
an  on-tank  or  a  bulk-fluid  heat  exchanger,  with  or  without  a  mixer.  Also 
shown  are  systems  employing  a  wi eking  material  as  the  liquid  removal  unit. 
This  device  also  can  be  used  with  either  heat  exchanger,  with  or  without 
a  mixer.  If  no  mixer  is  used  to  continuously  flow  liquid  hydrogen  past 
the  wick,  then  the  latter  must  be  placed  near  enough  to  the  tank  bottom 
that  it  can  be  refilled  during  the  next  to  last  engine  firing.  Thus,  its 
placement  is  dependent  upon  the  mission  expulsion  profile.  A  third  type 
of  liquid  removal  unit  is  a  dynamic  liquid-vapor  separator.  Although 
dynamic  liquid-vapor  separators  nave  been  previously  evaluated  for  vapor 
vent  systems  and  found  to  be  inefficient,  it  appears  possible  to  design 
such  a  device  for  efficient  liquid  extraction.  This  type  of  liquid  re¬ 
moval  unit  would  probably  be  integral  with  bulk  fluid  heat  exchanger. 

One  conceptual  thermal  conditioning  system  is  shown  with  no  mixer;  this 
system  is  considered  possible  only  with  a  tank-wall  heat  exchanger  and  a 
continuously  operating  system.  The  heat  exchanger  should  be  designed  to 
intercept  all  the  heat  before  it  gets  into  the  tank,  which  implies  a  con¬ 
centration  of  coils  at  points  of  high  heat  flux. 

(u)  These  systems  serve  to  identify  the  components  that  require  analysis.  A 
list  of  the  important  parameters  for  each  of  these  components  is  shown  in 
Table  LII.  The  results  of  such  an  analysis  would  permit  determination  of 
the  optimum  grouping  of  the  components  and  system  performance  for  specified 
mission  requirements. 

(u)  The  proper  utilization  of  a  typical  thermal  conditioning  system  on  the  LHg 
tank  can  result  in  a  non-vented  oxidizer  tank.  That  is,  the  GH2  after 
leaving  the  IHg  tank  heat  exchanger  can  be  used  to  cool  the  oxiaizer  tank, 
thereby  eliminating  the  requirement  of  oxidizer  tBnk  venting.  The  required 
operational  cycles  for  maintaining  tank  pressure  control  determine  the 
oxidizer  tank  heat  exchange  and  insulation  systems  necessary  to  ensure 
thermal  compatibility  within  the  oxidizer  tank.  Subcooling  of  the  oxidizer 
should  present  no  particular  problems.  The  oxidizer  tank  insulation  system 
can  be  altered  and  optimized  to  limit  the  amount  of  subcooling.  If  the 
cycle  could  potentially  result  in  freezing  the  oxidizer,  by-pass  controls 
could  be  utilized  on  the  oxidizer  tank  heat  exchanger.  At  no  time  should 
the  oxidizer  tank  govern  the  operation  of  the  LHg  tank  thermal  conditioning 
system.  Such  a  procedure  would  represent  inefficient  operation  through 
unnecessary  subcooling  of  the  LH^.  The  LHg  tank  pressure  rontrol  should 
govern  the  optimization  of  the  oxidizer  insulation  and  heat  exchanger 
systems . 
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COMPONENT  PARAMETERS 


Component 

Dependent  Parameter 

Independent  Parameter 

Liquid  Removal  Units 
Capillary  Standpipe 

Minimum  dimensions 

Minimum  ullage  volume 
Tank  diameter 

Weight 

Tank  diameter 

Tank  height 

Tank  volume 

Minimum  ullage 

Wicking  Device 

Minimum  pull-through 
dimension 

Capillary  pressure  drop 
fluid  surface  velocity 

Weight 

Maximum  radius 

Minimum  pull-through 
dimension 

Material  density 

Dynamic  Separator 

Weight 

Dimensions 

Power 

Inlet  fluid  quality 

Vent  flow  rate 

Separation  efficiency 

Dielectrophoretic 

Device 

Number  of  electrodes 

Voltage 

Electrode  spacing 

Ullage  volume 

Weight 

Vehicle  size 

Electrode  spacing 

Voltage 

Vehicle  acceleration 

Expansion  Units 

Valves 

Maximum  temperature 
differential 

Vent  fluid  quality  into 
heat  exchanger 

Valve  pressure  drop 

Weight 

Size 

Pressure  drop 

Vent  fluid  flow  rate 

Tank  pressure 

Turbines 

Weight 

Diameter 

Power  output 

Vent  fluid  flow  rate 
Inlet  pressure 

Turbine  pressure  ratio 
Efficiency 

Efficiency 

Speed 

Reynolds  number 

- Q 

276 


■v 


TABLE  LII  (Continued) 


Component 

Dependent  Parameter 

Independent  Parameter 

Heat  Exchanger  Units 
On-Tank  Heat  Exchanger 

Cold  side  heat  transfer 
coefficients 

Vent  fluid  pressure  drop 

Vent  fluid  flow  rate 
Tube  size 

Fluid  quality 

Fluid  pressure 

Tube  attachment  spacing 

Tank  thickness 

Maximum  heat  flux 

Weight 

Tube  size 

Tank  radius 

Maximum  heat  flux 
Expansion  fluid  tem¬ 
perature  drop 

Tank  pressure 

Compact  Heat 

Exchanger 

Warm  side  coefficients 

Weight 

Dimensions 

Circulation  velocity 

Vent  fluid  flow  rate 
Total  heating  rate 
Pressure  drop 

Inlet  quality 
Circulation  velocity 

Vent  fluid  pressure  drop 

Vent  fluid  flow  rate 
Inlet  quality 

Heat  exchanger  flow 
volume 

Impeller 

Efficiency 

Speed 

Reynolds  number 

Weight 

Diameter 

Power  input 

Bulk  fluid  circulation 
rate 

Bulk  fluid  quality 
Efficiency 

Wall  Jet 

Jet  velocity 

Heat  transfer  coef. 

Bubble  size 

Shroud  weight 

Reynolds  number 

Frohde  number 

Vehicle  acceleration 
Tank  size 

Drive  Units 

Electric  Motors 

Diameter 

Weight 

Power  output 

Motor  type 

Turbine 

Same  data  as  for 
expansion  turbine 

Expansion  turbine  data 
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APPENDIX  VIII 

CORRELATION  OF  CALCULATED  HIOIELIANT 
BOILOFF  RATES  WITH  TEST  DATA 


(U)  A  number  of  simulated  environmental  tests  have  been  performed  by  the  Gen¬ 
eral  Electric  Company  upon  cryogenic  propellant  tanks  of  approximately 
the  same  size  and  configuration  as  those  of  the  nominal  MSPS.  These  re¬ 
sults  were  reported  in  Ref.  15.  Although  the  tank  supports  and  insulation 
were  of  a  different  type  than  those  selected  for  the  analysis  presented 
in  this  report,  the  heat  leak  rates  through  these  were  found  to  be  compa¬ 
rable  to  the  selected  MSPS  design.  In  addition  the  feed  and  fill  lines 
were  similar  to  those  used  in  the  analysis  and  the  overall  heat  input  rates 
were  in  the  same  range  as  those  determined  in  the  analysis  presented  in 
this  report. 

(U)  The  tanks  were  orientated  with  one  side  constantly  facing  the  solar  simu¬ 
lator.  This  represents  a  maximum  heat  input.  The  test  program  was  con¬ 
ducted  with  LNg  as  the  cryogen  and  the  results  of  these  tests  were  used 
to  predict  the  boiloff  rates  for  several  cryogenic  rocket  propellants. 

The  results  are  shown  in  Table  LIII. 

(u)  These  results  are  similar  to  the  calculated  values  given  in  the  text  of 
this  report  for  the  hydrogen  tanks  of  the  selected  cryogenic  vehicles  and 
for  the  oxygen  tank  of  the  L02/LH2  vehicle.  For  example,  the  calculated 
boiloff  rate  for  the  8-foot  diameter  LH2  tank  of  the  LF2/lH2  vehicle  was 
27.8  percent/year,  that  of  the  10-foot  diameter  IH„  tank  of^the  LOg/LHg 
vehicle  was  17.7  percent/year.  The  calculated  boiloff  rate  of  the  oxygen 
tank  of  the  LOg/LHg  vehicle  was  1.4  percent/year  for  a  7-foot  diameter 
tank.  There  is  reasonable  agreement  between  the  results  of  the  analysis 
presented  in  this  report  and  the  predicted  values  of  propellant  boiloff 
rates  determined  from  the  General  Electric  Co.  test  program.  The  advanced 
design  concepts  and  thicker  insulation  incorporated  in  the  thermal  model 
would  account  for  the  indicated  differences. 

(u)  As  further  correlation  of  the  analytical  prediction*,  the  percent  loss  of 
propellant  per  day  found  by  General  Electric  Company  for  an  8-foot  tank 
are  shown  in  Fig.  126  and  127  for  various  vehicle  orientations  (projected 
tank  area  ratio).  The  test  numbers  compare  very  well  with  the  calculated 
loss  rate  of  0,106  percent/day  based  on  use  of  an  insulation  thickness 
(3  inches)  which  corresponds  to  that  of  the  test  tank.  The  thermal  model 
for  the  analysis  actually  was  insulated  with  six  inches  of  NRC-2  and  had 
a  boiloff  rate  of  0.076  percent/day.  This  comparison  supports  the  analysis 
presented  in  this  report  and  indicates  that  reasonable  design  concepts 
were  incorporated  in  the  thermal  model. 
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TABLE  LIII 


STORAGE  CHARACTERISTICS  OF  SELECTED 
CRYOGENIC  PROPELLANTS 


Propellant 

Tank  Diameter, 
feet 

Percent  Boil- 
off  Per  Yeat 

Hydrogen 

10 

27.3 

15 

10.9 

20 

6.9 

Dibox-ane 

10 

3.7 

15 

1.4 

20 

0.9 

Oxygen 

10 

3.3 

15 

1.3 

20 

0.8 

Oxygen  Difluoride 

10 

2,3 

15 

0.9 

20 

0.6 

PERCENT  LOSS  OF  ORIGINAL  PROPELLANT  MASS  PER  DAY 


NOTES. 

1)  •  FT.  DIAM.  SPHERE 

2)  2 tO  LAYERS  LINOE  SI-62  SUPER  INSULATION 
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